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SUMMARY 


A parametric study was conducted defining the regenerative cooling limits 
(maximum chamber pressure) for 02 /hydrocarbon gas generator and staged combus- 
tion cycle rocket engines over a thrust range of 89*000 N (20,000 Ibf) to 
2,669,000 N (600,000 Ibf) for a reusable life of 250 missions. Maximum chamber 
pressure limits were first determined for the three, propellant combinations 
(O 2 /CH 4 , G 2 /C 3 H 8 * and O 2 /RP-I) without a carbon layer (unenhanced designs). 
Chamber pressure cooling enhancement limits were then established for seven 
thermal barriers. The thermal barriers evaluated for these designs were: 
carbon layer, ceramic, coating, graphite liner, film cooling, transpiration 
cooling, zoned combustion, and a combination of two of the above. All fluid 
barriers were assessed a 3% performance loss. Sensitivity studies were then 
conducted to determine the influence of cycle life and RP-1 decomposition tem- 
perature on chamber pressure limits. Chamber and nozzle design parameters are 
presented for the unenhanced and enhanced designs. 


The maximum regenerative-cooled chamber pressures are attained with the 
O 2 /CH 4 propellant combination. 02 /RP-l designs must rely on a carbon layer 
and liquid-gas injection chamber contours, "short chamber”, to be competitive 
with the other two propellant combinations. This is attributed to the low de- 
composition temperature of RP-1. 


The chamber pressure trend with thrust differs from the normal acceptable trend 
of higher chamber pressure for the larger thrust level. The reverse trend of 
this study is attributed to maintaining a constant life criterion instead of a 
constant wall temperature criterion. The maximum enhancement benefit was 
attained with the combined thermal barriers. These were carbon layer and 
ceramic coating for the O 2 /RP-I designs, and film cooling and ceramic coating 
for the O 2 /CH 4 and O 2 /C 3 H 8 designs. 


INTRODUCTION 


This program was a 12-month analytical study under NASA-Lo.RC Contract NAS3- 
21381 to investigate advanced cooling techniques related to hot-gas heat 
barriers for high chamber pressure oxygen/hydrocarbon rocket engines. The pro- 
gram provides NASA and vehicle designers with chamber pressure limits for 
hydrocarbon regenerative! y cooled thrust, chambers, extended chamber pressure 
limits when advanced cooling techniques are applied, and identification of 
technology items that require substantiation before the advanced cooling tech- 
niques can be implemented confidently. 

This program is subdivided into two technical tasks. Task I is devoted to 
defining the regenerative cooling limits (maximum chamber pressure) for the 
tnree hydrocarbon propellants (RP-1, methane, and propane) without enhancements 
and generating the cooling circuit design parameters at these limits. Task II 
defines the cooling enhancement techniques investigated and applied to the 
designs developed in Task I to determine far the chamber pressure can be 

increased beyond the conventional regenerative cooling limit. The status of 
these^ cooling enhancement techniques are assessed to identify the technology 
needs required before the concepts can be confidently incorporated into thrust 
chamber designs. 

As a result of the Task I and Task II analytical efforts, after it was deter- 
mined that these cases would not provide useful data, some sensitivity analyses 
were substituted for some planned design analyses. Cyclic life and RP-1 decom- 
position temperature sensitivity studies were conducted with the approval of 
the NASA manager. 


STUDY GUIDELINES 

Task I study guidelines are given in Table 1. Many of these guidelines are the 
same as those used in past NASA rocket engine design studies. Additional guide- 
lines, which were established in agreement with NASA/LeRC during the Task I 
study, are presented in Table 2. 

The coolant P G ut/ p c ratio of 1.2 for the gas generator designs (Pi n /P c = 1.8) 
represents a reasonable outlet pressure limit to allow for injector A? and 
parasitic losses (manifold, ducting, etc.). This results in an allowable 
cooling AP/P C of 0.6 (1.8 to 1.2), which is typical of combustion chamber de- 
signs. This cooling pressure drop limit was used for the staged combustion 
cycle (P in /P c = 2.25) and results in the coolant P 0 ut/ p c ratio of 1.65. This 
higher outlet pressure limit: is required so that the coolant can do additional 
work before going to the main injector (such as driving the turbines for the 
pumps. ) 


The coolant inlet pressure will be reduced below the Pinlet^c assigned ratio 

when the P c limit is attained for each thrust level. However, at least one 

series of maximum P c versus thrust trend will be established for the guideline 

P. /P ratio, 
inlet c 


The combustion chamber coolant side surface roughness is typical of values 
measured for milled channels in copper and copper-base alloy chambers. The noz- 
zle coolant side surface roughness is typical of small-diameter tubes. The 
coolant inlet temperatures for methane and propane are slightly greater than 


their rcspectiv-e ambient pressure saturation values. The RP-1 is assumed to be 
at ambient temperature. The allowable coolant maximum Mach number was less 

condition^ ett8Ure aC Ch0king w111 not occur ^ an off-design operating 


1 J b ^ic guidelines are identical to the Task I guidelines with the 
addition of the thermal barrier guidelines noted in Table 3 . The substituted 
ens .t v ty studies related to cyclic life and RP-1 decomposition temperature 
were conducted outside of the specified guidelines. 

When the maximum guideline chamber pressure for each thrust level was met, the 
minimum P in i et /P of the coolant established the design for the limiting cham- 
ber pressure. This criterion was disregarded for the film-cooling enhanced 
designs to stermine chamber pressure versus thrust trends. Other enhancement 
techniques were within the P £ guideline limits. 
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PARAMETER 

PROPELLANTS 


ENGINE SIZE 


PERFORMANCE 


COMBUSTION 

CHAMBER 

GEOMETRY 


COMBUSTION 
CHAMBER MATERIAL 


■X’”’ — i— rr ' » nr nwr 


R 1. TASK I STUDY GUIDELINES 


GUIDELINES 

0 2 /RP-l AT MR =2,8:1 
02/CHij AT MR = 3,5:1 
°2 /C 3 h 8 AT MR = 3,1:1 

20 K VACUUM, (« = A00:1), MAX P c = A000 

150 K VACUUM, (e = A00:1), MAX P c = 5000 

600KS.L, (f = 80:1), MAX P c = 6000 

e c BETWEEN 1.5:1 AND A. 0:1 

90% BELL DESIGN NOZZLE 


98% ERE COMBUSTION EFFICIENCY 
CONTRACTOR IN-HOUSE METHODOLOGY (ODE) 



NONTUBULAR (CHANNELS) 

COOLANT CHANNEL DIMENSION LIMITS 

• MIN, CW = 0,03" 

• MIN, WEB = 0,03" 

• MIN, WALL = 0,025" 

• MAX. CH/CW = A:1 


COPPER OR COPPER-BASE ALLOY 







TABU- 


(Cone 1 ud ed) 


___ guidelines 

! t = ^ 6t) R F0R ( - u|J|JER 0R copper base alloy 

RP-1 T wc = 1060 8 (UNLESS HIGHER VALUE IS JUSTIFIED) 
IHZj 1 we = 1760 R 

’ C 3 H 8 T wc = TiBiD - BY CONTRACTOR (-1520 R) 

CONTRACTOR IN-HOUSE METHODS AND CORRELATIONS 
CARBON DEPOSITION TO BE NEGLECTED 

c “~1*8 CG . G . ) 

Pin/Pc = 2,25 (STAGED COMBUSTION) 

fnnnwr CO cn L D T ° 180:1 F0R 20 K AND 150 K, IGNORE 
COOLING FOR £ = 180:1 TO €= 400*1 

REGEN COOL ENTIRE T/C (€ = 80:1) FOR 600 K 

CONTRACTOR IN-HOUSE METHODS AND CORRELATIONS 

2-D CONDUCTION EFFECTS INCLUDED 

0 2 NOT CONSIDERED AS PRIMARY COOLANT 

~ 250 X A “ 

€ t = KaAT 

MANSON'S EQUATION WHEN NO DATA AVAILABLE 



TABLE 


2. 


ADDITIONAL STUDY GUIDELINES 


ESTABLISHED DURING TASK I 


• YIELD SAFETY FACTOR -1,1 

• ULTIMATE SAFETY FACTOR = 1,5 

• TOTAL RUN DURATION - 10 HOURS 

• COOLANT P 0UT /P C - 1,2 (GAS GENERATOR CYCLE) 

■ I. 65 (STAGED COMBUSTION CYCLE) 

• COOLANT SIDE SURFACE ROUGHNESS 

* 

20 MICROINCHES RMS FOR COMBUSTION CHAMBER 
AO MICROINCHES RMS FOR NOZZLE 

• COOLANT INLET TEMPERATURES 

RP-1 ! 29A K (530 *R) 

CjHg : 233 K (A 20 *R) 

CH<, : 117 K (210 *R) 


• COOLANT MACH NUMBER <0,5 



COOLING ENHANCEMENT THERMAL BARRIER DESIGN GUIDELINES 
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DESIGN CONSIDERATIONS AND ANALYTICAL TECHNIQUES 
DES KIN CONS IDEHATIONS 
Cgmbi istt on Chamber 

The combustion chamber geometry (liner hot-gas wall contour) affects the weight 
performance, heat transfer, and life. Influencing parameters are length, con- 
rant on area ratio, and wall contour. The optimum combustion chamber design is 
one with minimum engine weight, minimum hot-gas wall temperature (maximum life) 
and maximum performance. In addition, engine constraints are imposed on the 
chamber design as related to available coolant pressure drop and flowrate re- 
quirements established for an engine balance with minimum oxidizer and fuel pump 
discharge pressure. The optimum coolant passage geometry for maximum life P 

and n iand lilkhs * aPPr ° aChes the minimum wal1 thickness and minimum channel 

_Nozzle 

The thrust chamber nozzle contour primarily affects the performance and weight 
a ? en « iae * ^he location of the nozzle attachment to the combustion chamber 

tlinl fff S ^ lificance » effecting life and engine weight. The optimum attach 
joint is located as near to the throat as possible and still meet nozzle tube 

is a/™ C ffJ‘ 3 ? t 1 ? are mUSt bG taken t0 ensure the chamber throat coolant 
is at an efficient bulk temperature. The optimum attachment location normally 

lareer W th 3 fr/T ratl ° ° f 5{ J and 10sl * The hi 8 her the chamber pressure, the 
ger the attachment area ratio. The minimum tube wall thickness normally 

provides maximum .life for minimum coolant pressure drop. 

These design considerations are typical of those employed to attain the maximum 
cooling and life for the Space Shuttle Main Engine (SSME) , Ref. 1. 

PERFORMANCE 

The performance of a liquid rocket engine system is dependant on how efficiently 

Mir propellant ® can be in J e cted, combusted, and then expanded supersonically 
through a nozzle. The combustion efficiency (h c ,v) depends on injector design 
and combustor contour (length and contraction ratio). Additional thrust is 
obtained through optimum expansion of these combusted gases as related to the 
nozzle thrust coefficient efficiency (nc p ) . Therefore, certain design criteria 
must be. met to attain realistically high performance. The injector /chamber 
geometry of this study produces a 98% energy release efficiency (n *) . The 
nozzles are typically designed for an expansion efficiency (n r ) of 97.5%. 

)ese efficiencies are related to the theoretical optimum efficiencies 
attainable. 

No 2 ale Per f o rman c e 


the theoretical one-dimensional gas dynamic thrust coefficients for the pro- 
pellant combinations eonsidered in this study (Ch/RP-l at MR = 2.8:1 (V>/r-iHo 
at. MR - 3.1:1, and at MR - 3.5:1) are shown in Fig. 1 as a function of 
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THEORETICAL 1-D GAC DYNAMIC THRUST COEFFICIENT, C ) 


CHAMBER PRESSURE (PS IA) 



Figure 1 . Theoretical Thrust Coefficients 



— -~ g - szcXtL- — — - •« ^ 


C- « r 

F Sea Level F Vacuum 


P A 

Sea Leve 1 


x t 


CD 


becausTof^he 1 ££ thrust coefficient 

namlc n Cp is used to correct the thLretJ \ u '* of °* 975 for the gas dy- 
ditions. This is an average vllue determined Coef f icients to actual con- 
pellant combinations over the ranee j fS J f r ° m *“ evaluation of these pro- 
value was attained from the transonic ,J h St J- evels being considered. This 
tour design analyst for a 90z Ungtl , be ™ co„- 

““ ~ «o„ra t e can be 


w 


c* C„ 


( 2 ) 


These flowrates are shown in Fig. 2 for rin - n Q 7 < a 

generator flow and its contribution to ^ “ °‘ 980 - An y gas 

computation. The large variation in ° hrust has not been included in this 
2,669,000 N (600,000 Ibf) thrust level (e^ loTl^i pressure at the 

111 1 ie thrust coefficient (Fig. l). s due to the large variation 

■SgJflbostio n Chamber Performance 

teXT srjssr i cha " ber ~ - thrust 

following equation: adius values were evaluated using the 

/ F \ 1/2 

R t ' (vrcT^TT-r) (3 ) 

Ihe discharge coefficient (C n = A* /A ) is 0 OQ f 

ratio of 1 . 0 . Since the thrSst coeffLil? " 3 thr ° at u P st ream radius 

the three propellant combinations the Jhr oSt- 3re ^. ^ early the same for each of 
of propellant combination by using the averavp^f 1 ^ defined independently 
any set of conditions. 8 rage of the three radius values at 


Mgure 4 shows the chamber iniector-to-th»v>^ i , 

pressure for the three thrust levels beine consid" g US * function of chamber 
there is a curve for liquid-liquid ('nx-fd^ lsi dered. For each thrust level, 
injection. Using the radius “alues^rom nT 3 llquld ~ h ot-gas propellant- 

throat length can be determined as shown in^ig. ’ 5 th6 normallzed injector-to- 

^. a ^ 08 ?he 8 curves i^g* TZ IT' “ tl0 " 'atio are shown in 

and Jud^ent based on ?. I ^ ^}" «J.rS£, 

Mnatlons. There are two sets of Lta " ’ * '" ,rlow ' P^opeHant ron,- 

injectors and the other for U,„id-hot-eas I w ’ ° 8ram ' ono f »n 11 qt.ld- liquid 
g as es as the fuel. W 8 injectors using turbine discharge 
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COMBUSTION GAS FLOWRATE (KG/SEC) 


CHAMBER PRESSURE (PS I A) 
2000 4000 6000 

F vac " 8 9.°00 N 

(20,000 lbf ) 


667,000 N 
( 150,000 lbf) 


o 2 /rp-i 

°2 /C 3 H 8 

0„/CH, 


0 /RP-1 


V C 3 H 8 


° 2 /CH i4 


F . = 2,669,000 N 

' * ' * (600,000 lbf) 


NOZZLE FLOW 
SEPARATION 
AT SEA LEVEL 


- o 2 /rp-i 

- V C 3 H 8 

- o 2 /ch^ 


2000 3000 4000 
CHAMBER PRESSURE (N/CM 2 ) 


Ffgtn-e 2. Combustion Gas Flowrate Parametric Dat« 


COMBUSTION GAS FLOWRATE (LBM/SEC) 


GEOMETRIC THROAT RADIUS, 




INJECTOR-TO-THROAT LENGTH (CM) 


CHAMBER PRESSURE (PS IA) 







I 



Figure 4 . Injector-to-Throat Length Parametric Data 
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INJECTOR-TO-THROAT LENGTH (INCHES) 




INJECTOR-TO-THROAT LENGTH 
GEOMETRIC THROAT DIAMETER’ 









The oxidizer (oxygen) is not truly a liquid at the point of injection in that 
It has a high vapor pressure, low viscosity, and virtually no surface tension, 
The liquid fuel is the limiting propellant with atomization, vaporization, and 
mixing being the limiting mechanisms. Liquid-liquid engines require longer 
residence time (longer length) for complete mixing and combusting of the propel- 
lants than do liquid-hot-gas engines as shown *n Fig. 4 . The injector-to- 
throat length is increased as the thrust is increased, primarily because of the 
coarser injection pattern as che thrust is increased. Where a value of 44.5 N 
(10 lbf) equivalent thrust per element is practical for a 4450 N (1000 lbf) 
thrust engine (100 elements), it would not be practical for a 4,450,000 N 
(1,000,000 lbf) thrust engine where it would result in 100,000 elements. The 
end result is large injection orifices and large propellant droplets in the 
high thrust engines where propellant injection rates for each element approach 
4450 N (1000 lbf) equivalent thrust. The chamber length can be decreased with 
increasing chamber pressure because the reaction rates increase with chamber 
pressure. 

Higher chamber pressure operation also leads to larger injection orifices since 
the mass flowrate per unit injector face area is increased with increasing 
chamber pressure. Therefore, an increase in contraction ratio is desirable as 
the chamber pressure increases (Fig. 6 ). The larger contraction ratio eases 
the job of manifolding the higher propellant flowrates and provides increased 
injector face area for more injection orifices. However, as specified in the 
study guidelines, the maximum contraction ratio was limited to 4.0 to 1. The 
minimum contraction ratio guideline of 1.5 to 1 will not be encountered. 

The chamber sizes in Fig. 4 and 6 are mean recommended values. Any indi- 
vidual actual engine could be sized significantly on either side of these 
values. Each engine design poses its individual envelope requirements and 
favors a specific set of compromises. However, these curves define the trends 
used in the parametric study. 

The propane and methane fuels were treated as hot gases for the gas generator 
cycle because of the large* temperature increase each incurs during cooling. 

The liquid-liquid curves in Fig. 4 and 6 were used for the gas generator cycle 
design with RP-1 as the fuel using conventional type injectors. However, it is 
believed that low thrust per element type injectors can be developed to attain 
an energy release efficiency of 98%, 02/RP-l design analyses also were con- 

ducted for these prospective gas generator cycle designs for comparison. 

Film and Trans pir ation Cooling Performance Loss 

Performance analyses were conducted to determine the amount of fuel available 
for film or transpiration cooling as a function of specific impulse. The 
Rocketdyne computer program, FILM, was used to calculate the losses. ODE spe- 
cific impulse was used at mixture ratios above 1.5, while at lower mixture 
ratios a nonequilibrium model was used, based on test experience which has 
shown that much less solid carbon is formed than predicted by equilibrium cal- 
culations. A linear mixture ratio profile was assumed, varying from 0.1 at 
the wall to the core mixture ratio as shown below. 
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PMR 


Core 


p MR Wa11 


0.1 


™"i i ® ble mixture ratio region was divided into zones and the coolant was 
assumed to react with the main flow at the local mixture ratio rim n . 
each none was then integrated to determine the mi«nre ratio aid anec^e m 

ill g^SSSSSSS-KS^ 

used, the re;ults n apply e to e Iny a ihrust h ?eveJ an Similarf ’ W3S 

rather than engine mixture ratio was used, so theJe ^s no dlfJ C !? amber 

fpLSJc r imp^ise d loss 8 as a°function oV^i ? 

ation. At the 3% performance loss leJe^^da^rom Fie' C Q ° mbln ” 

plotted in Fie. 10 as a f„nnHm, , 7 aata trom Fi 8* 7 through 9 are 

allowable film and transpiration 000 !’“ fL^teTfir tSftaTnl^? ^ 
presented in the Wd^oIfaLt^ considerations are 
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PERCENT I LOSS 



FUEL COOLANT FLOW (PERCENT OF COMBUSTION GAS FLOW) 


Figure 7. Specific Impulse Loss as a Function of Film/Transpirati 
Coolant Flow for 0„/RP-l Propellants at MR ■* 2.8 



PERCENT I LOSS 



FlgUre 8 ‘ cooW%? mPU J Se n°f aS a Function of FUm/Transpiration 

lant Flow for °2^ C 3^8 Propellants at MR = 3,1 



percent I LOSS 



Figure 9 . 


Specific Impulse Loss as 
Coolant Flow for 0 „/CH 
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' , ™? tion ° f Fil./Tnm.piratlon 
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CONTOUR DKK IN IT ION 


The 1 allowing parameters wore selected l or t he combust ion chamber contour: 
• ( ■oiivergonoo half-angle 

• \Q degrees tor F'2 , (>89 , 000 N ((>00,000 1 b t > liquid-hot gas 
propo I l i'n t s 


• 20 degrees lor all other designs 


• 

Convergence R/R Joining cylindrical 



section with entrance ramp 

2.0 

• 

Throat upstream R/R 

1.0 

• 

Th r oa t d owns t r e am R/R 

0.4 


The relatively shallow 20-degree convergence lull f-ang le promotes eont. inuous 
smooth boundary layer growth. Shallow convergence angles result In a higher 
average heat flux due to a lower average contraction ratio. However, there Is 
only a small Increase in the Integrated heat load because the Increased aver- 
age heat; l lux is nearly ot fset by the reduced surface area (smal ler average 
diameter and decreased surface length). The shallow convergence angle is 
incompatible with the short lengths and large contraction ratios of the 
2, fob 1 ) ,000 N ((>00,000 Ibt ) sea level thrust combustors with l Iqu id-hot -gas pro- 
pellants at low chamber pressures. Therefore, for these eon f i gurat t ons , the 
convergence half-angle has been increased to M) degrees. Additionally, if 
necessary, the Injector- to- throat length was increased beyond t he' minimum re- 
quired for combustion (Fig. 4) so that there- is a 3.08 cm (2 in.) cylindrical 
section lor Lnjeet or- to- chamber compatibility. The 2,889,000 N (800,000 Ibf) 
sea level thrust combustion chamber contours for the liquid-liquid and liquid- 
hot-gas propellants are compared in Fig. 11. The liquid-hot -gas designs are 
quite short relative to their contraction ratios. It was decided that it 
would not be reasonable to consider decreasing their lengths further. 

The large upstream convergence R/R Joining the cylindrical section with the 
convergence ramp provides a smooth transition to avoid flow separation at the 
turn, avoid impingement at the initial portion of convergence, and prevent 
degradation ot the coolant t i Lm coefficient due to reverse curvature effects. 
The upstream and downstream throat radius ratios are the same as used lor the 
SSMK aiul ASK combust ion chambers. 

♦ 

Nond imensiona l (R/R t vs X/R ) 90" bell norale contours for r ^ 80:1 and r m 
400:1 were generated for t he three pt cue 1 l ant comb Inat Ions . Parabolic nor.clo 
contours are generated that closely approximate a Rao optimum contour. Initial 
expansion angles of 12 and 17 degrees for the t - 80:1 and t =■■= 400:1 contours, 
respectively, were selected. An ex 1 1 angle of 8.2 degrees is selected for both 
expansion ratios. These angles were obtained from curves available from pre- 
vious optimum contour analyses. 

The transonic Mow analysts computer program was used to compute the flow 
properties in the region of t low extending from Mach 0.8 to 1,2, This program 
calculates Iso-Mach lines, streamlines, and characteristic lines for the 
transonic I low region. One ot the iso-Mach lines Is used with the eon* our and 
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l ' Lr ’ U ' C "• .'r™ K '» aurnbor Contours for 

1 000 N ( 000,000 lhl ) 


1,10 COlllbUKt loll J.;| H p,. 0l1 . 

Kouiula ry * ^iy e r b Corop'( t er ^Progr t ’° U r * ' ^ t,,at calculatea 

ffz 

necessary to Rl , n v >lned f °r only o„o X 1 thu nondlmensio^l 

«*«• of the small f .!°” le c °«°ur for each cl Z ,^ eSsurc - U is not 
U8ed to der ive the no/zle conl^ chamber Pressure on r ho P /, ^ UZe analyzed be- 
eon trolling component i^thes^therma 1 ^uvalyses ^^^h^nozzle^g ^no^the* 28 

APP o^tTeT Ca^T 10 C ° nt ° Urs are Presented for each deal 

JU1 design ease in 


ocle life structural analysis 


tion"o1 V : yc d u t ly H f C f a H d ex P er ^ meI ital background 
engines such as the SSME^^^ ral int egrity 0 f high^h a f lalysla and predic- 
CKlc — »*. taahnique. and ASE «“ 1- to*. 

'?* cooiaut passage the?L?’/ f f 1C:t ' !n C l°”-aost Co,,t «“ "AS 3 - 

“ U " l ’ le structural a„ a L“ L S« • Also, as part ofthff 7 ^"Stated with 
features make this computer tle coolunt Passages can he" CO ™ puter Program, , 
fion as well as detailed h Pr ° 8ram an ideal tool for „Jr Per£ormod - These 
study. tJUed thrust chamber cooling desL ^ ^ data genera- 

S cosign as required in this 

Cycle L ife 

Cyeie life consists of q« , 

%T to 0 — *« ss 

material. UU ' c) “ evaluated by using I fa ' , ^““O'-us of 

Properties of the 

«X 'and fa»g;;e i d'; m i ;' ,alys f “ that failure 

“ CW “ ld ° r ‘«al O'de 

•> rj Ligue and 
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tc, 1 S c S^/ a, “ r “ nJ *r U,U| ♦, sre the 
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.% tJ-ijue Damage Fra ction 

TIk' latiguo clamant' fraction (<|> ) Is tlu* ratio of the number of design Joad 
tytles 01) to the number of load cycles required to cause failure (N ) : 


<J» f 13 n/N f 


( 4 ) 


where N f Is a function of the equivalent uniaxial strain range (r ) and the 
stra?“i: l^ZT: ( V‘ ^^alent biaxial 


r = 2 r rt 

e total p 


( 5 ) 


where h is a correction factor to correlate results with finite element analy- 
ses from analyses of the ASE and SSME thrust chambers; this factor was de- 

,f? 1 ' “ ARl0y r Z - . T, :« •»“*“ 

i. , total li> dc 1 iaed as the difference between the steady-state operating 

sc2m““>; StriUn <V 8 > — «» •»»-*» surface axial or lateral 


L total ~ t s-s “ L i 


( 6 ) 


l 8rs and l i tUC based on the hot-gas surface temperature (T ) and the close- 
out temperature (T ) • wg close 

bw 


oAT - OiAT, 
wg bw 


s-s 


( 7 ) 


cxAT - a AT. 
wg bw 


( 8 ) 


it a V, 7 di erui tfu “ (AT) « re from ambient temperature. The 

initial hot-gas wall and closeout temperatures are assumed to be halfway 

between the coolant inlet temperature and ambient temperature. * 

For tubes, the equivalent -uniaxial strain range (c ) is defined as: 


*W ' "If w T 


l |M I| | l — 


s 1.155 c * + t - r j 2 

e \ total + ‘ total f 'c + L c j 


1/2 


( 9 ) 


where c c Is one-half of the steady-state strain across the hot-gas wall: 


a(T - t ) 
r = wg we s-s 

2 


( 10 ) 


Creep Damage Fraction 


The creep damage fraction (d> ) i s t h e rat j. nf .. . 

load is applied (T) to the nSmber o ho the number of design hours the 

under the applied stress (a): required to produce rupture (T ) 


^c = T/T r 


For channels, the steady-state operating stress (a) is defined 


as : 


( 11 ) 


(P 


coolant ^hot gas^s-s a 
2 (0. 9t) 2 


( 12 ) 


where a is the channel width and t is the hot-gas wall thickness. 
For tubes, the operating stress is defined as: 


(P 


0 = — coolant P hot gas^s-s r i ^ 

0. 9t 


(13) 


outer wall l^rels:^ ^ ^ ^ ^ —ting average hoop stress to 


2r , 


K » 


"o + r i 


(14) 


Structural Analysis 


At the high cheiniber pressures (nnA iw n iv i 

structural integrity of the thrust cha^r^l hT^^d'S 
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ensure a realistic thrust chamber dcslon «- 

all materials but differs for tubes and chamlc/p.^sases? ** “*> tn 

bendins (o> ° r si,oar <t) - 13 «— “ 


P 1 

a = coolant a 


2 (0. 9t) ‘ 


T = 


.3 ^coolant 2 
2 2(0. 9t) 


(15) 


For tubes, 


the average hoop stress is used and is defined as 


a 


coolant r i 
0. 9t 


(16) 


The yield and ultimate safety factors are defined as: 


Yield safety factor * If' or F tv 

a T 


(17) 


p 0 6 F 

Ultimate safety factor = — or _J tu 

o t 


(18) 


based ofJhe^vera^^ strength (F ) are 

temperature (T ) of the wall YIpIh !!f f f (T wg ) and the coolant side 
safety factor gf 1. 5 a re “be ^uJreme^^ °‘ ^ ““ “ '*'*“'* 
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MATERIALS SELECTION 


Tilt' maLerin.Ls seloetod 
below. The proport I om 


tor the combustion 
of those materials 


chamber and uokkLp are discussed 
are presented in Appt'ndlx A, 


t^jnbus Lion Cl 1 ; un her 


>lj.u Lluumal conductivity material. Is required for minimum wall temperature 
and minimum thermal strain. Maximum cyclic Life demands a high-ductility ma- 
teiial. I herd arc, material requisites of high thermal conductivity and high 
ductility necessitates the selection of a compatible copper-base alloy. The 
strength oi the material and heat transfer aspects dictate the coolant channel 
geometry , which influences the coolant pressure drop, engine weight life 
manufacturing requirements, and cost. It is desirable to have a high-strength 
material. NARloy-Z, a zireonia-silver- copper alloy, was developed by Rocket- 
dyne for the SSMfc main combustion chamber liner. It exceeds the lit crequire- 

ments and, possesses a relatively higher strength than other commercially .avail- 
able copper base alloys. 


Therefore, NARloy-Z was selected as the combustion chamber material. The struc- 
tural and cyclic life data for the NARloy-Z is shown in Fig. 44 through 47 
(.Appendix A). The thermal expansion for Inconel 718 (to be considered as the 
chamber jacket material), is shown in Fig. 48-. These data were incorporated 
into the Regenerative Cooling Design/Analysis Computer Program for the cyclic 
life evaluation during the chamber cooling analysis. 


NARloy-Z thermal conductivity data is shown in Fig. 49. This figure contains 
a scale showing the NARloy-Z thermal conductivity as a percentage of the 
thermal conductivity of room temperature OFHC copper. The temperature- 
dependent curve in Fig. 49 is incorporated into the two-dimensional channel 
wail temperature distributions that are provided by the Regenerative Cooling 
Design/Analysis Computer Program. 


Nozzle 


Wrought A- 286 was selected as the nozzle material. This material was also 
selected for the SSME nozzle. It is a moderate strength, heat-resisting alloy, 
a high-strength alloyed stainless steel hardenable by solution treating and 
‘'g Lng . Ihe alloy is always used in the hardened condition. The material is 
entirely satisfactory tor use at all cryogenic temperatures down to 21 K (37 R) 
with retention of excellent toughness and ductility properties. At elevated 
temperatures, the. alloy retains moderate strength up to 922 K (1660 R) . The 
alloy is readily formable in the annealed or solution-treated condition. The 
structural and cyclic .Life data for A-286 is shown in Fig. 50 through 53. 

Figure 54 shows tile thermal conductivity for A-286. The data-in Fig. 50 
through 54 have been incorporated as input to the Regenerative Cooling Design/ 
Analysis Computer Program for the structural and cyclic life analyses for the 
nozzLo cooling evaluation. 
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COMBUSTION GAS HEAT TRANSFER 


The Rocket dyne Boundary Layer Computer program is used to calculate the hot- 
gas heat transfer coefficient profiles for the chamber and nozzle designs. 
This program utilizes an integral method to solve the momentum and energy* 
equations. Solution of these equations is accomplished using a semiempirical 
i elation between The Stanton number and the energy thickness and between the 
skin friction coefficient and momentum thickness. The resulting equation for 
turbulent flow is of the form: 



0.0122 


< R V 


0.25 




1 

2/3 


(19) 


The convective film coefficient (h g ) is then found from the relation 


^co^oo^p^ST 


( 20 ) 


The Eckert reference temperature is used to evaluate the film properties. 

The injector end heat transfer coefficient for any given case is determined by 
scaling calorimeter chamber test data from the SSME 40K subscale chamber test 

program (Ref. 2) using flowrate and property corrections based on the standard 
Nusselt Number correlation: 







( 21 ) 


where subscript 1 = reference conditions (40K subscale test data) 

subscript 2 =- 02/hydrocarbon conditions 

This injector end heat transfer coefficient is then blended into the axial pro 
file derived from the boundary layer program. An example of this is shown in 
Fig. 13 . 

The combustion hot-gas convective heat transfer coefficient (hg) profile is 
shown in Appendix C for the unenhaneed designs and in Appendix D for the en- 
hanced designs. The combustion gas properties are presented in Appendix B 
for the chamber pressure and mixture ratio ranges of this study. 
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AXIAL DISTANCE FROM THROAT (CM) 


COOLING CORRELATIONS 


Rocket dyne has considerable experience In pp i i, 

rocket engine programs that use RP-1 n , C ?°}^ thr0u « h itH successful 

etc.). i n support of h,. eoolnnt (Atlas, Thor, H-l, F-l 

and done extensive tesflnc Rocketdyne has made analytical studies 

CKef- 3, 4, and 5 ) F^om thls wo^ 6 h ^terlstlcs of RP-i 

RP-1 was developed: k ’ the f °Uowing cooling correlation for 

h c = °- 0056 (k/D. > Re 0 ' 95 Pr 0 ’ 4 J, 

h (22) 

o*i * «. s t„ e r . tlo 

b triction factor for an e/D h of 0.0001. 
included is useTfor methane C °ooling!' 0n Wlth the roushness enhancement factor 


0.023 (k/D h ) Re 0 ' 8 p r 0,4 ^ 


(23) 


in the^following P cooling^correlation e f or^ropane^ 0031 ^* 3011 C °° lantS *** refU ' lced 


h c = 0.00696 (k/D h ) Re 0,88 Pr 1 * 2 ( T / T ) 1,0 


c wc' 


(24) 


Ihis experimental coolinp corrpl ifinn , 

number correlation in Fig. 14 Xhl „ At com P ared with the standard Nusselt 
of 2760 N/ cm2 (4000 psia) and’a Reynold!' ?T Senerated for a propane pressure 
of tho values encountered ? “ s " ° 7 * J ° 5 «e represent- 

correction (T c /T„ c ) i„ the experimental correlation T '“^rature 

correlation to decrease relative to th t a .* cduses the experimental 
wall temperature (T wc ) increases. Thl 733 K (1 ^rT 13 ? 11 38 the coolant 
curve is the propane decomposition limit used itf this T' 1 tem P erature 

S^^ent than 7 x 1# cThT^ioed 

is shown in Fig^lS .* 0 Sis "is "the sae^r^fae Vi 8 3 fU ? C f tlon of turili ”« angle 

^“ e L*4 tfa 

For the two-dimensional channel wall t^ ° r the SSME and ASE comb ustors) . 
full curvature enhancemenJ ^aLe is uslToTtZ* analyses > ^ 

wall. This value is linearly va r!L 1 A coolant side of the hot-gas 
the coolant channel to unity at thp 1 ° nS the Slde walls ( cha nnel height) of 
along the closeout surfaced ° Ut SUrface ' A val “ a ° £ 1 ^.td 
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Figure 14. Comparison of Propane Experimental Cooling Correlation 
With Standard Nusselt Number Correlation 
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" 5Cd '« f'ls ^ atu dy C !, ha <*"?-»>«« two-dimensional 
relative i [ >r C|Q SSMli: combustor and this s ■ ur v.'iLm:c enhancement tecli- 
t0 th « «P»ri mental results oC tet. T* “« 8ll ShUy conservative 


ITNKNllANCUOD DKSICIN COOL INC ANALYSIS AND RESULTS 


INW.UKNCK OK THRUST I.KVK1. 

Low Thrust - 8 9., 00 ON IMfMOlp.Q 

Because of the small amount: of fuel available for cooling relative to the Hot- 
gas surface area, a series circuit: using all of the fuel Is ut LI Irani to mini- 
mize the coolant temperature rise In the combustion chamber* The combust. ion 
chamber Is cooled first. In an uppass, then the nozzle Is cooled in a downpass. 
Normally, the most efficient cooling is ensured by using the minimum allowable 
channel width (CW) of 0,0762 cm (0.03 In.) and the maximum number of channels* 
The minimum allowable land width (LW) of 0*0762 cm (0.03 in.) Is generally used 
in the throat along with the minimum channel width to obtain the maximum number 
of channels. The minimum wall thickness value of 0.06.35 cm (0.023 In.) typi- 
cally used throughout the combustion chamber, which does not present a heat 
transfer problem, is increased to minimize coolant pressure drop. 

Because of the low coolant flowrate, small-diamet:er tubes and a high chamber- 
to-nozzle attachment area ratio must be used to keep the nozzle coolant velocity 
high enough relative to the local heat flux to meet the cycle life requirement. . 
The minimum attachment area ratio that: meets the above criteria is 10:1. The 
unformed tube diameter (UTD) and wall thickness at this location are minimal. 

A variable wall thickness (WT) Is required to keep the coolant wall temperature 
below the decomposition T’ Wo limit. The nozzle Is split at an area ratio of 
180:1. The nozzle extension goes from e = 180:1 to r. = 400:1. 

Because the total fuel flowrate is small, the nozzle extension section cannot, be 
dump cooled and, hence, also is regenerat ively cooled. In calculating the 
series pressure drop, one velocity head was assumed to be lost at both chamber 
outlet and the nozzle inlet to account for parasitic losses. 

In ter me d 1 a te T 1 \ r u s t: l)e s 1 gn s- 6 6 7 , 00 0 N (150 , 00 0 1 h f ) 

The intermediate thrust designs are similar to the low thrust designs, As with 
the low thrust designs, a series coolant circuit (uppass chamber, downpass 
nozzle) using all of the fuel maximizes the chamber pressure that can be regen- 
erat Ively cooled. However, the channel, size must be slightly greater than the 
minimum allowable to accommodate the coolant flow. The minimum allowable wall 
thickness of 0.0633 cm (0.025 in.) is used throughout the combustion chamber 
length, similar to the low thrust designs. 

Cool tug of the nozzle is not a significant problem. However, the chamber-to- 
noxzle attachment area ratio must be selected to maximize the chamber pressure 
that can be cooled. Because of the series cooling circuit, this involves 
trailing off the increased nozzle pressure drop when decreasing the attachment 
area ratio (due to higher velocity required for cooling) with the increased 
chamber pressure drop when increasing the attachment area ratio (due to the 
increased coolant temperature). The area ratio optimizes at a value of 10:1, 
the same as for low thrust designs. 
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H ‘.a'lJ’h . J)o « ic«_ 8 . jj ^600,000 lb f ) 

fraction of * 1 1 u« L f uo f * c a b o UHerfor^ool avallabl ° that only a 

reasonable channel dimensions A snllt n" 8 / h ° chambor w| iilc maintaining 
cooling elrtM.lt is r« in, PlUfl ° W (upp;lss ^mbc.r, downpass noLlo) 

«»*"« to the ° f ?* a . vailabl * -olnnt 

must be optimised by trad ini' off t-i, t , tu 11055 He • r l>e ehannel width 

pernture and Increase J '* ‘ZZZ\' ° ^T"? (<1 — —tat tern- 
off ictoncy „ tho channel Sh ?? V a“m " Ju " Msod »»% 

“T chmKl wl<lth »f approximately 0.097 cm to «°?« f°* 1 " K ' 

optimum. To minimize the pressure dr . ? (0.05j in.) was determined to bo 

0.2286 cm (0.09 In.) used in Jhe S ’ Cl ’ 0 " Uel “ 1<lth “ f approximately 
widths? 11 ” 01 thlCh ““ 

eyclf?if?\S°;i“ Z 4 "^ z Jf^^ ta“«siilg l y%JnS"r-“th :1- "” Mn » the 

the lower area ratio, X the hl « ter »«« flux at 

designs. C ° thL low tluust and intermediate thrust 

INFLUENCE OF ENGINE CYCLE 

The staged combustion (SC) cycle onerit-oo . 

the gas generator (GO) cycle, uses a coolant P? V • “ 2 ‘ 25 ’ which 

adjustment to channel and tube wall thirl'noo-. 1 ?^ 0 . c V 8 ' Tbls requires an 

sure gradient across the wall for sfiopn' u 0 accommodate the higher pres- 
sing rationale used ^or gL generator llT*! ^ ° therwl “* the 

designs. It will be shown later in h,, n ^ desl f ns is analogous for SC 
Ptosourc limits of tho two cycles 

^rssiT^tS^cLrss lo r a,id 

level designs. y ‘ 50/o0/: How split for the high thrust 

INFLUENCE OF PROPELLANT COMBINATION 

propellant combinations? 0 ^ similar for all three 

passage geometry are derived from the fuel *" la " ,)er Pressure limits, and coolant 
resulted in design similarities between a 1 ^ C ^ 1Ui ^ This- study 

However, for the Oo/RP -1 prouel 1 ini - . ) biet propellant combinations, 

ature is very low. 2 Because of thJ ZlTitTl ^ RP “ X duco “ poslt ion temper- 
02 /RP-l designs without a carbon layer enh^n 8 te ^f at f re the cooling of 

within the design guidelines ?heSore m ^ VirtUally possible 

see if either the "short chamber" w * ar ™ etric Stlld -V was conducted to 

(liquid-liquid injection) could be ‘rcaltstlcally^coololf 1 ‘.’L""’ " U ’" e C,I "''P‘ " 
nn energy releosc efficiency ot-Mt. This study showed 
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n()OO e osVir le N Ut lh / ! VlS V thruat l0vcl couU be cooled above 6895 N/cm 2 

(1.000 psia)! yrtacrea'cdTat'i'o^' 1 ‘ >VelS 1 c ““ ld be ‘'°° lad 6895 N/c» 2 

i i m * ,, , ncreased neat load and coolant pressure drou of the !, lnno 

chamber provided lower cooling limits than the "short cumber". 8 

Ihe use of a short chamber" for the 0 /RP~i nrrkr . 0 i i . . 

the combustor conflgoratL^if a "Sf 

typich C lnjJctor“ontir “rf 8 8eneral:or c y cle “°“ ld be a "lone chamber" for 
probably be developed flllisr 8 ' ev f r> a ” lero-orlf ice-type injector could 
for a gas getSoTcyX “* 1 ” 8 8 Wt 

DESIGN RESULTS 

in e Table ltS 4 ° f S? “-“faneed regeneratively cooled limit designs are presentee 
in It 16 ' T^„:f i r n, 1 Chamb<ir press ‘‘ re as a faction of thrust is' “ 
in A^ndir'c. ““ ”°“ ls dasl8 ” a are graphically presented 


Significant results of this study 


are: 


1. 


2 . 


3. 


dictated^^^limiM 118 are at Very low chamber pressures as 

<5S9 K (1060 R) The § n /rp a ° olaab decom Position temperature at T wc 
with a A be d 2 /HP-1 cooling limit chamber pressure decreases 

Kith a decrease in thrust. These designs are not life-limited? 

delrSes^i^ ‘MV* °* ,C *» 

but are not limited by a deli’s???™ Ltlra?^ “* llfa - 11 "“ ad . 

?h? 0?/cS 8r d Pr ? SS “ re I lml£S sli8btly f avor a gas generator cycle for 
dMlgns? 4 de8l8ns m,d a sca ged combustion cycle for the (yen 


The noted results are discussed below, 

£ temperature (T„ c , favor 

s?.^ic“nr:u to cj^. a 'ir € zEiriSl ” : 

^e 1 \??X?\“j r ?ct < ^ ) c?r?„d?o? P 5rK 1 ??So 1 L 1 ?lL ( ?nl R l.- 1 T r 


* 7 . ' o' L/c approximately 14U K (250 R) low 

the chamber injector end and/or 55 K (100 R) lower thin the T m- n, i 

«r« 

chamber pressure than for a series circuit -- - -• al a lower 

life-limited. 


These l wc limited designs are tint 


Ihe life— limited Oo/Rp~_f O^/CH/ anH n -/p u a 4 

Chamber pressure with a Released ?hr u °l Si l?T " ** m lncroaMd 

W<,/i) trend favors the high?? ?hr!« " 0t tyP ‘“ 1 since tlla 

T„ limited 0 2 /«P-l design?!' 1 1? ' , ' , L tl ?°0 S/ 

re lent reverse trends is related to a constant low c'vc 4 TXll 1 !?/ '“I*!" 
These curves do not reflect a constant coolant wall J hot-1^1 [?„? . 1?? 
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TABLE 4. (Concluded) 



AO 


















THRUST (UT LBF) 



( _WO/N) 3an$S3Ud \I38WVH: 


Figure 16. Effect of Thrust on Regenerative Cooling Limit 
(unenhanced designs) 




lor a constant life, the low thrust designs operate at higher T Uff because of the 
higher bulk temperature in the high heat flux regions. This higher T „ is 
acceptable if its within the guideline temperature, which is true. Cyclic life 
s a function of the temperature gradient between the hot-gas wall (1’ ) and 

the closeout structure backwall temperature (T bw ) , which is approximately the 
bulk temperature (T b ). Therefore, cyclic life (4 x 250) is met for all thrust 
levels but requires lower T for the higher thrust designs because of the lower 
oolant temperature in the throat and convergence region of the chamber. 

* fr **? r T rSed Pc Versus F trend is the combustion chamber 
length (injector to throat) and contraction area ratio criteria to attain a 98% 

energy release efficiency. JThese criteria result in a combustor (injector to 
throat) average heat flux (Q/A) decrease for the lower thrust designs. 

As shown In Fig. 16, the 0 2 /CH 4 designs favor a gas generator cycle, while the 
0 2 / c 3 Hg designs favor a staged combustion cycle. This reversal is also a 
function of the limiting criteria. This condition is forced by the minimum 
allowable wall thickness. If this were not a limiting criterion, the gas gen- 
erator cycle would be favored. This is because the lower chamber pressure 

u • i 8 desi 8 ns could meet the Ultimate and yield safety factors with a wall 
thickness less than the limit criterion of 0.064 cm (0.025 in.). 
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ENHANCED DESIGN TECHNIQUES, ANALYSIS, AND RESULTS 

tl,orn,aJ «» -mate, 

above -no tod heat barriers. bftlUer Waa a combination of two of the 

•Che physical barriers considered for mni i n » 

ceramic coating (ZrO,) , and ATJ graphUe’\ Aier h ?. Cement Were carbon-layer, 
parent material hot-gas-wall surfaei «„ Th f se are a PPlied to the 

barriers were not applied to the tubular n l,!l resistances. These thermal 
O 2 /RP-I nozzles to maintain a T <600 E tk except as required for some 

^ s^sr-s :r- 

not significantly increase the chamber pressure limit * 

The adherance of a physical hirr-fov *.1 

bustion chamber is mow practical th!n , 3 "T ’ surfaca ot the com- 

This can be realized £ fit? m t J t tubular n ° zzle Efface, 
riers iq fun-i n ^ . ie ^ act t ^ at th e breakdown of physical bar- 

ceramic costing 'C; \ ° f flaki “8.“ f the carbon liyer or 
strains across the thermal^b” 8 ^ Craa ^^ ns caus ed by large thermal 

flexing of the parent Sir^r8l^rr re X a d ;b f0rM f l0n? CaUSGd by 
channel wall are nearly eaual h ' .^thermal strains of a 

longitudinal direction. The thermal strains^ a t ^ aasvorse and 
tion are biaxial but are not- an i ^ C lns of a tubular construc- 

direction. This can be realized h f' a / ransverse aad longitudinal 
verse thermal strain of If f * ^ faCt that part of che trans- 
of the tube hot surface :hict1:^nre^\ 1 raL% d reli ?he ed laft the ^f* 1 ” 8 
strain contributes significantly to the physiol barrier "adherance!" 1 
Die application of a graphite liner t-n . ■, 
impractical and ceramic coating application may r be°iimited^° n “ 

S.'iSLj5iSi, b S3S: ZttZti f ° r , COOli ” 8 enhancement were film cool- 
were allotted a 3% performance loss £T bustloa - All three fluid barriers 

ated nozzle designs were not enhanced. ° rGJS ° n °* 1 ab ° VC ’ thC aSS ° Ci_ 

designs is prewntedbin^blTV^ThrMs 8 , analySSS condllc ted for the enhanced 
these designs since there is no ^Jif ° yCle Was ” tllizad for 
combustion cycle for this study. ThJ e as L d f 6 " 06 betWeen U and tlla staged 
coolant inlet pressures where ^the ^ l0W - 
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COOLING ENHANCEMENT ENGINE DESIGN MATRIX 
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CARBON LAYER 


A carbon coating was selected as the renewable physical thermal barrier. 
Assessment 


Reference 7 describes the interior of an O 9 /RP-I chamber after firing as 
having the appearance of being freshly painted black. Inspection reveals that 
the outer surface of the layer is sooty and can be easily removed by light 
rubbing. Underneath this soot layer is a harder graphite-like layer that can 
also be removed, but is more tenatious. 

The mechanism of deposition of the carbon layer on the wall is not fully under- 
stood. The elemental carbon is formed by cracking of the fuel. Evidence 
exists from thermocouple measurements (Ref. 7 ) that the carbon layer builds 
up during the first few seconds of operation and then -undergoes periodic 
spalling due to thermal and dynamic stresses until an equilibrium value is 
achieved. Unfortunately, these fluctuations are most pronounced in the throat 
region, which is usually the critical area from a thermal design standpoint. 

A number of factors appear to influence the amount of carbon layer buildup. 
Among them are.: 

• Chamber pressure 

• Mixture ratio 

• Type of fuel 

• Injector design 

• Amount of film cooling 

• Wall temperature 

Reference 8 contains combustion chamber heat load data for FLOX/methane, FLOX/ 
propane, and FLOX/butene-1 propellants over a range of mixture ratios. These 
data have been reviewed to determine if the effect of fuel type and mixture 
ratio on the carbon layer can be quantitatively correlated. These data are 
presented in Table 6. From the predicted and measured heat load data in 
Table 6, the average carbon layer ..resistance for each test was calculated in 
the following manner: 

1. The predicted average heat flux in the combustion chamber was 
calculated by dividing the predicted heat load by the chamber 
surface area (calculated to be 3003 cm2, 465.5 in. 2 ). 

2. A predicted average heat transfer coefficient was calculated by 
dividing the average heat flux by an assumed hot gas-to-wall average 
AT of 2778 K (5000 F) . 
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3 . 


he°t 2jMf«°rn f fJ? a ? Ur f d *u predicted heat load and the average 
^ coefficient, the average carbon layer resistance 
(x/k) was determined from the following equation: 


Measured Q 
Predicted Q 


j + r 


a at 


A AT 


These results are given in Table 6 . It was found that the 

b stance correlated best with the carbon atom fraction in the 

s shown in Fig. 17 . a least-squares parabolic curve fit to 

y correlating with the carbon atom fraction the carbon layer 

thi er ? X 5 ed f ° r any hydrocarbon fuel at any mixture ratio, ^h 

rirouoh fJ r n Sent ^ Table had fuel COolant holea around 
through which approximately 5% of the fuel flowed. The effec 

carbon layer cannot be determined from the data. 


carbon layer re- 
■ combustion gas, 

1 the data is shown, 
resistance can be 
e injectors for 
the periphery 
t this has on the 


KmLIS 1 ' T 6 "r, aU run at ? Chamber assure •>[ approximately, 69 
velocity (Ref. 3). Thi S ^orrelation°is“ho™ U S t ng °18 ' ( the°daShed°r S “) "“‘ SS 

^elolk'td" 

0 Tf°? resistances are Llievef^le^STel se° t? 

amount o£ film coolant. In equation form, the correlations from Fig 18 are: 

• 0 ? /RP-l, MR - 2.8 x/k = e (i1,7 " 7,26G) 

• ° 2 /C 3 H 8 > mr = 3-1 x/k = e (10,9 " 7>26G ) 

• 0 2 /CH 4 , MR - 3.5 x/k = e (9,6 ~ 7 • 26G ) 

15 ln cn,2 - sec - K/kcai - '•» .*«- 


0 2 /RP-l, MR - 2.8 x/k « e^ 9,0 ~ 0,51G ) 
0 2 /C 3 Hg, MR = 3.1 x/k - e (8,2 " °* 51G > 


0 2 /CH 4 , MR = 3.5 x/k = 


(6.9 - 0.51G) 


where G is in lbm/in. 2 -sec and x/k is in in. 2 -sec-R/Btu. 

Ihere is a considerable amount of uncertainty in these eauaMnns n , r n i .1 
when they are applied at high chamber pressures. However, until ’addtiona^data 

sure of^he ? e, tf be a 0 li V In T ° £ FfS - 18 "Present »«.« available mea- J 
sure oi the effectiveness of carbon layers. 
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TABLE 6 . PRATT & WHITNEY CARBON LAYER DATA 









CARBON LAYER RESISTANCE (C^-SEC-K/KCAL) 



CARBON LAYER RESISTANCE (lN 2 -SEC-R/B7U) 
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Figure 18 ♦ Carbon Layer Resistance Correlations 


CARBON LAYER RESISTANCE (IN -SEC-R/BTU) 




DCs I ijn. Ail; i I y s 1 . h 


A carbon layer, to Homo degree, will always exist on l lu> hot-nan wall of a 
thrust; chamber using hydrocarbon fuel a. For those analyses, It Is assumed the 
carbon l Ayer Is tenacious and adheres to the combustion chamber wall. For 
reasons previously mentioned, compatible nozzle designs did not utilize a car- 
bon ayer excluding the 89,000 N (20,000 Ibf) thrust nozzle which requires a 
nozzle carbon layer to allow T <389 K (1(160 R) . 

As shown in Fig. 18, the carbon layer thermal resistance (x/k) Is greatly de- 
pendant on hot-gas mass velocity (Gg) and propellant combination. This means 
the carbon layer thermal resistance is large In the combust ion chamber and 
supersonic regions compared to the higher heat flux throat region. Therefore 
the enhancement benefit to he attained requires enlarging the coolant passages 
in the regions upstream and downstream of the throat to provide a higher coolant 
mass velocity (mass flux) in the throat region. This tradeoff requires adjust- 
ing the unenhanced designs to provide greater cooling of the throat region'. 
Coolant channel geometry adjustments consist of increasing the channel widths 
and heights upstream and downstream of the throat while decreasing the channel 
height in the throat. The carbon layer thermal resistance also allows the Ivi- 
w tilth channel transitions to be located closer to the throat . There is a multi- 
tude oi; channel geometry variations considered to meet cyclic life, structural 
criteria, and fuel decomposition temperature limits. Therefore, specific de- 
signs oi certain propellant combinations may differ slightly from the above 
general approach. 

lhe carbon layer enhanced design analyses parameters are summarized in Table 7 
and compared to the unenhanced chamber pressure. Descriptive graphical presen- 
tations of these designs are presented in Fig. 93 through 10b of Appendix 1). 
Comparison oi the unenhanced 1\. to carbon layer enhanced F of Table 7 shows 
negligible increase in chamber pressure for Lhe carbon layer enhanced 0,/CH, 
and 0 2 /C 3 H 8 designs. However, there is an outstanding chamber pressure" in- 
eioase I or the 0.,/RP-l 'Short Chamber" design. This can be seen in Fig. 18 where 
the thenual resistance for Oi/RP-l is an order of magnitude greater than 0.,/CII, . 
lhe thermal resistance ot these two propellant combinations is shown in Fig jq 
as a function ol chamber axial length. The RP-1 carbon layer resistance is 
sign! t leant. Ly greater t han Cll^, as denoted in Fig. 18. 

lhe maximum chamber pressure of the carbon layer enhanced designs is compared 
to the unenhanced designs as a function of thrust level in Fig 20 All of 

N U nn mo 1 ?” ?x U T d ° P W 7I \' ° f U8 ' as notod ln 7 . Only’tbo 89,000 

N (20,000 nl) thrust 0 2 /c,H/ design marginally exceeded the chamber pressure 

gu Uleline limit of 2860 N/et,.2 (4130 psta). A very minimal reduction In P, nll . t / 
‘•'oul.d bo ascertained i or a chamber pressure limit-. design. 

The overpowering affect of the RP-1 carbon thermal resistance can he seen in 
a chamber pressure Increase from the unenhanced 2,669,000 N (600,000 Ibf) thrust 
} Short chamber" design at 896 N/em* (1300 psia) to a carbon enhanced design at' 

N/ ™" ( P8i,,) ,0 - r tho T we limit of 389 K (I060R). The significance of 

using a short chamber" for O^/RP-l is extremely notable. The carbon- 
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CHAMBER 



CHAMBER PRESSURE (PSIA) 







enhanced 2,669,000 N (600,000 Ibf) thrust "long chamber 11 could not' meet the T 

limit at 1700 P approximately 111 K (200 R) above the. T limit. wc 

c wc 

CKRAMIC COATING 

Zirconium oxide (ZrO () ) was selected as the ceramic coating for a physical ther- 
mal barrier. 

Assessment 


Zirconium oxide is a low thermal conductivity material (Guideline Table III). 
Ihis low thermal conductivity provides an excellent thermal barrier. However, 
because of this fact, and the fact that it is a low ductility material, the use 
of its application is limited to thin thicknesses for high chamber pressure. 

To maintain the surface temperature limit <1944 K (3500 R) , the thicknesses 
employed were between 0.0025 cm (0.001 in.) and 0.0127 cm (0.005 in.). This 
is within reasonable control. The large thermal gradients across the coat- 
ing thickness means large thermal strains. . This also dictates the surface 
temperature limit. It is the most utilized ceramic coating for reducing 
hot-gas wall temperatures in high heat flux rocket engines. 

Design Analysis 

The cyclic life of ZrO^ coatings enhances the life of the parent combustor 
NARloy-Z material. The cyclic life of the Zr0 2 coating is undefinable at this 
time. It is most likely that the ceramic coating will have to be replenished a 
number of times during the life, of the NARloy-Z chamber. For reasons previously 
mentioned, compatible nozzle designs did not employ a ceramic coating. 

The ceramic-coated C^/CH^ and designs provide a significant increase in 

chamber pressure as compared tcTthe unenhanced designs. The results of these 
analyses are summarized in Table 8 , and the descriptive graphic presentations 
are shorn in Fig. 107 through 117 in Appendix D. The 89,000 N (20,000 lbf) , 
thrust O 2 /RP-I "long chamber" design (for liquid /liquid injection) was within 
the decomposition temperature limit (T wc ) for 680 N/cm 2 (1000 psia) chamber 
pressure. However, the large bulk temperature rise of the chamber plus nozzle 
would require an enhanced nozzle design t:o stay within the coolant wall temper- 
ature limit. 

The chamber pressure benefits attainable with ceramic coating are shown in Fig. 
21. As noied in Table 8 and Fig. 21 , two of these designs were at reduced 
p inlet/ p c 10 sta y within the chamber pressure guidelines. These were the 89,000 
N (20,000 lbf) thrust 0 /G H and the 667,200 N (150,000 lbf) thrust 0 o /CH, 
designs. 2 J h 24 

The O 2 /RP-I "short-chamber ! benefits are for a T wc limit of 589 K (1060 R) 
instead of life limited. This accounts for the reversed chamber pressure 
trend as a function of thrust level. 
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TABLE 8. SUMMARY OF HIGH PRESSURE HYDROCARBON-FUELED ENGINE 
REGENERATIVE COOLING LIMITS 

(FOR ZrO„ CERAMIC COATING ENHANCED COMBUSTION CHAMBERS) 










CHAMBER PRESSURE, N/CM' 
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Typical Zr<> 2 combustion chamber designs resulted in an increased no ??\c attach 

"e *z :::: wtth « n — ^ 

*_ v i / "i , , 1 toatJn e ‘> f the nozzle was allotted a bi-thickness similar tn 

y hi - thickness of the combustion chamber wall to stay within the guideline 

f°2 aurfaGG temperature limits. This is noted in Table 8 , u the graihic 
design presentation figures in Appendix D. 8 uphic. 

GRAPHITE LINER 

ATJ Graphite was recommended for the graphite liner physical thermal barrier. 
Assessment 

The recommended constraints were 0.1 in. minimum thickness with a maximum hot- 
gas surface temperature of 1644 K (2960 R) It i, , maximum Hot- 

att nvoni-ii it v. u i\j , it is Kocketdyne s experience that 

f J Jl P < Superior t0 ATJ elevated temperature. Neither does Rocket! 
dyne s experience support a 1644 K (2960 R) operation of either material S 
oxygen-bearing propellant combinations. 

The graphite liner analysis guidelines utilized att „ 

tH 2 t 7 ra cm r tS U !00°t f o 1 0 64 5 0 0 fT ^ 3 raanufact -ers wall thick*” 0?254 

tats r 

r pl ? e u r tor thcr ” ai «*troi. wu,, ^ 

a n d d p ive rg ;« ln t t"r::: £1 o pJ £ “” tit? izi^Yo ~t°r« c °r?° ac 

pracnicai ATJ thickness would be 1.28 cm (0,5 In.) for a 2,669 000 N rtOo"oOO 

made up of cemented segments. Furthermore, it was confirmed' that “he minimum 
recommended temperature is 92° K M aah 4 , ,, , ar L 1G ma xlmum 

less than the o,,^! , (166 ° R) in an oxidizing environment, which is 

xess tnan the guideline temperature utilized. 

perpendicular to the hot wall results in thermal conductances greater than m' 

a" e'er ZrO 6 " 1 ^!, tl,08 ° of »ein 8 aiT^' ?„Z- 

ance of Zr0 2 . Although these types of graphite allows a reduced liner thick- 

th!ir ahiiH Cr ^ aS k ^ conductivit y Perpendicular to the wall negates 

ir ability to be applied as thinner layers within manufacturing guidelines. 

Figure 22 compares the conductivity of ATJ graphite to the conduct! vl M.->« n r 
pyroutlc graphite and "grafoi ,« laminate. VLusc lilt i^ai^X i- 
vities of pyroli tic graphite materials, their liner thickness must he on the 
order of several thousandths of an inch thick for high chamber pressures. Wro- 
litic graphite can be deposited with a vapor deposition process in fairly thin 

So ! tt nt \r r t d r°° itin ? ^ -y make UintL^lo 

to deposit the filr ditectly onto the combustion chamber wall without degrading 
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THERMAL CONDUCTIVITY, KCAL/cm 



THERMAL CONDUCTIVITY, BTU/IN-SEC- 








br:^rin^y P d«acuU , Prefo ™ ed Politic graphite liners would 

10 extreme iy diffU.uU to handle and install and it would be Impractical to 

expect them to withstand the extreme thrust chamber conditions. Forming a 

thick ?* Ceme ?M ni; J 0ll \ tad sep ' meilt8 together only a few thousandths of an Inch 
thick Is possible, but impractical. 

The 5-mi.l "grafoil" laminate is bonded to a surface in the form of a thin cape 
lhis graphite liner technique is inferior to the two previously described liners 
because of its inherently weak structural Integrity. In addition the therma 

ZToTtZ 0 1' i - i n c h S A T J ° 1 i n e r ? m 1 11 3 C e ^ th ° Pyr ° UtlC 8 ^ hltC! would — d 


Design Analysis 

A comparative assessment indicated that the. graphite liner thickness specified 
by the manufacturer and the guideline surface temperature were incompatible 
problem! * S6Veral designs were analyzed to provide greater insight to the 

aM^ n I- ial !i ,al I SlS WaS made utilizin 8 an ATJ graphite liner with a minimum 
guidelines thickness of 0.254 c.m (0.10 in.) on the 0?/CHZi F = o nnn m 

<600,000 lb £). p c . 2144 »/ cm 2 (3ll0 pslaj’ooL^n of 

combustor ^hot wall % determin f the benefit of the. graphite liner attached to the 
The r uU h n 'I 1 f“ unen h‘™ cad design with minimum guideline thickness. 

° f thls ana J y f ls shows that the ATJ graphite liner is strongly lim- 
® I . llS US * at high heat, fluxes as a cooling enhancer by its hot-gas surface 
^ v Ur f; thls case > the ATJ surface temperature reached 2665 K (4779 R) . 
Although aH other design criteria can be improved from the unenhanced chamber . 
case by the use of the ATJ liner at the cooling pressure limit of the unenhanced 

TZtL ot S u^ aC f. temperatures attained within any acceptable thickness range 
the graphite liner requires the chamber pressure to be reduced below the 
unenhanced limit. 

AT J°cranh!r 3 COmpari8on betwaen the graphite liner and ceramic coating, 

ATJ graphite was considered on an otherwise unaltered ceramic coated enhanced 

5?fo* / 2 tJnni ini ? S N W f a P pUed t0 the 0 2 /C 3 H 8 , 89,000 N (20,000 lbf ) , P r = 

758 N/c.m (4000 psia) design. In order to maintain a maximum liner hot-gas 

r 0f , 16 J 4 K (2% ° R) the thermal, resistance x/k was reduced 

1 ml 1 \ than f ° r 1 16 Zr ° 2 case ‘ Thls required an ATJ thickness of 0.04 cm 
(.016 in.) upstream from the attachment point through the throat. The ATJ 
liner thickness in the combustion zone was 0.06 cm (0.024 in.). The result was 
a Sh f r P ; Q C ; e f'!" Cy ;' U ’ llfe due to fatigue. The ATJ surface temperature 
ac ie s ( b R) in the throat region. For this comparison, the graphite 

liner thickness was held to a value, much less than possible for manufacturing 

a " d the liner surface temperature reached levels that would cause 
rapid oxidation of the ATJ liner. 

The above design analysis shows that even a graphite throat insert would need 
be considerably thinner than the design guideline. 

This study shows that graphite liners are really only applicable for space-en- 
gine type low heat flux combustion chambers. This is particularly true of 


59 


py roll tic graphite applied as an INTEREGEN heat sink chamber barrier, since they 
nave an axial x/k equivalent to copper with a very low perpendicular x/k. 

FILM COOLING 

l'ilm cooling was selected as one of the three thermal fluid barriers. It has 
been extensively used to some degree in most liquid propellant rocket engines, 
i'oi this study a 3Z performance loss is accepted, 

Assessment 


A number of film-cooling heat transfer models were evaluated. Most of the 
existing analytical models assume that the presence of the film does not affect 
the heat transfer coefficient between the wall and film, and concentrate on 
prediction of the effective- film temperature as a function of distance from the 
injection point. These models utilize a "dry wall" heat transfer coefficient 
and assume no mixing of the free stream main core flow with the film cooling. 
The Hatch and Pappell model (Ref. 9) and the Tribus-Klein model (Ref. 10) use 

this approach. These are two commonly used models for assessing film cooling 
effects of rocket engines. 6 


A more accurate approach to compute the heat transfer rate between a gaseous 
film coolant and wall is to predict both a heat transfer coefficient and an 
effective film temperature. This is particularly true when the film-coolant 
properties are different from the free stream gas. One such correlation for 
predicting the film heat transfer coefficient was developed at Rocketdyne (Ref, 
11) and assumes equal Mach numbers of film and free stream gases to relate the 

"dry wall" heat transfer coeffi- 


cient as: 

h s 

ii 

1 

/p \ 
/ r \ 

2/3 

R f C 

h 

g 

c 

p g 

\ P 

\ r f / 


Y f M T, 

L f s f 

This approach 
difference is 

accounts for 
expressed as 

a mass balance 
a ratio of flow 


1/2 


( 26 ) 


JL J. = c 2A ♦ 

ax p ax 


Lo 


w c 

w 


(2tL 


Ihe entrainment of the tree stream gas into the film is accountable by impinge- 
ment (the first term) and by diffusion (the second term) . 

The film thickness (A) is related to the zero film cooling thermal thickness as 
derived from the integral, energy balance equation and assumes the velocity 
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profile through the film does not change in shape with distance: 


aA h T - T *] 

= k - gw w .. 

3* C T -~T 

Pg 1 wj 


For subsonic, flow, the temperature ratio is unity, and Eq. 27 


Eq. 27 becomes: 


a / w f\ /w m,\ h 

& Uf = K + Le [-£—£) JE- 
3* \ P / \w- m / C 

L ' f c / p 

S 


The subsonic flow heat transfer coefficient for an adiabatic flat plate is: 


h = 0,0296 


c p. c 


2/3 \ x 


n E "; ” ““ lnte * rated *“« substitution of 
film flowrate as: * 1 Jet resl0 “’ *!■ to the location x to give the 


v * ** °- 037 ’ tK * Le) rtpn ( R v’ s • *•„ °- 6 ) »*> 

eg 1 / 

Assuming no coolant is lost from the film q1lnt,<= p-i 

be expressed in terms of the film flowrate Is: temperature ratio to 


, T - T 
1 c c 


” V T f 


“A 

P c x C 


Combining Eq. 31 and 32 gives: 


r = 1 + 0.037 (K + Le) rr- 2 - 


S (Re > 

*c c g 


Re ) 
X 1 
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r- ehero,or - ^ 

vestigatora and is defined ns: ’ ' 1 1 1 t0 tho Paromotora used by other in- 


C Or 

B* £ ^ PRC x 
Pr K , p r 2/3 


(34) 


Therefore, an equation of the general form: 


n 


= l + ecB* 


B* ) 

o' 


(35) 


was used to evaluate test - Hai-u tk t 

were evaluated based on a slot ’ Reynolds'^ ^ h6nCe ’ tl,e slope > 

siot Reynolds number as suggested by Hatch and Pappel 


6 = a + b Re 


n 


(36) 

save che “ —t t „ 

0.4 


(37) 


& = 0.037 (K + Le) = 0.04 + 0.004 Re 
Data fit of Eq. 36 indicates that K Is of the order of unity. 

that a lar8e ° f to. a.t. 

Of effect was noted by Hatch and Pappell forLolant'tnlc^L^^'S' T '' iS type 
proximately equal to tho fmo F n . oolant injection velocities ap- 

-Mbits JloU ^ddUior riSsIff fY" 01 "* •'“'*«** 

Study that the coolant efficiency also it_ Was noted during this 

0.4 for the slot coolant ^’t p Thus for th 31 " ,lnl ““ 3t 0 *‘ 1 “e ° f 
covered by the test data (u, <U ) thereat- ’ f ? th<? ran8e ° f conditio »s 
temperature ratio was: C ® * correlation for tlie slope of the 


£ = 0.04 + 0.041 Re 0,4 


Combining Eq. 37 and 38 


B* 

s 

(1 + B* ) 3,S 
s 


Le s 1.1 + 1.2 (Re ) 0 * 4 _ 


(1 + B* ) 3,5 


(38) 


(39) 
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It daU : f Re f; ®. und 12 throu ^ h W arc correlated in Pig. 23. 

sizes' ani f .,/ dl ‘ mtl la Ppnll (Ref. 9) is shown to correlate well with slot 

is "shown 1 In F r°; 5 t n ;r :to 111 f J 8 • 24> correlation of data from Ref. .15 
PUnn- 2 V i ,f n trogen film cooling of a JP-4/G0? thrust chamber. 

ciamber ^ C ° rrCJaf l °" of a «-K^yne APS 0,/lE, hydrogen film-cooled 

34 ' 1 ’ 1 1 ! ni !q y ^uatlons used in the film-cooling computer program are Eq. 26, 
., P V„ i I 3 ?’ , lhe i entrainment of core gas in the coolant film by diffusion is 
correhLd V Y | 1 ^ ^wis number. The entrainment by impingement G 3A/3x was 

feti-ed . n UI ' ity 1 aS n ° ted by K 0f Ec l- ' 37 ' Therefore, the heat trans- 

"j \ c 'T , . C ? olant by mixin8 ls by the correlating diffusion and im- 

rc if Mon 1 r la , :lon f hl P s * Th ‘l coolant properties are adjusted by subsonic flow 
transfer 1 iP ?ri ,° b J" tlC fiJl " P r °P er ties. The coolant film convective heat 
r Sf ?°°5 i C , nt 18 obtained from Ec l' 26 • A film heat flux to the wall is 
orative co 1 ^ * y lhe P roduat of Che hf and (T f - T wall ) . For use in the regen- 
of the h ° Jj U ! Program, the hf and T f are input at each axial station in place 
or the h g and l aw used for dry wall calculations. 

O^O 111 ?^ 0011118 effi ?, i f 1Cy USGd f ° r the °2 /CH 4 designs and 0 2 /C 3 H 8 designs is 
. 0. This is compatible with design considerations and efficiencies of other 

character is tics? CC ° UntinS f ° r m ° lecular wei§ht sensitivity and slot injection 


Design Analysis 

U “ d for these desl 8 " s «• 20Z. This is compatible 

siderine f “? e£f iclencies "sod by other experimenters con- 

sidering the slot injection characteristics and working fluid properties. The 

::° 0in 5 characteristics are defined by a film-cooling mathematical ^odeJ 

cient hj and C the e fn hl 1 Ch d ® fines the film c °nvective heat transfer coeffi- 
tour The.fli boundary temperature, T f , as a function of chamber con- 

values are then utilized in the regenerative cooling analvsis to 
generate the cooling geometry of the main combustion chamber. Y 

combustion °Jt f ^ lm COolin8 used relates to a specific impulse loss of 3%. The 
combustion gas temperature was corrected from the theoretical to the guideline 

specified energy release efficiency (n c *) of 98% as follows: 


T Actual 
o 


Theoretical 


x (n„+) 


c* 


(40) 


actSa3 8 eff?M allOCa J e n fil T COOlin8 reduces the total performance to 95%, the 
reltaL efniiency? h0t " 8aS C ° re is °P eratl "8 at 98% energy 

film-cooling characteristics were evaluated for several slot Injection geo- 
metries and assumed efficiencies wi '•In practical application. The results in- 
dicate negligible effects in the fi.m boundary except for the first 2 in. near 
ie point of injection. Typical s*„ot widths used were between 0 152 cm (0 hah 
in.) and 0.304 cm (0.120 in.). Except for large variation!? the ^film-coolant 
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Figure 24. Comparison of Test Data With Linear Model for Temperature Rise 








o 



l r ij’,utv 26 . 


Comparison of Transient Heat Transfer Rates With 
film Cool iin; Model I’redletions 



flowrate (or effective efficiency) did not significantly impact the chamber 
design. This is realized by the fact that the larger flowrate reflects a lower 
film temperature and, correspondingly, a higher heat transfer coefficient as a 
function of chamber length. 

The results of these analyses are depicted in Table 9 and Fig. 27 and compared 
to the unenhanced chamber pressure. The descriptive graphic presentations of 
these designs are shown in Fig. 118 through 128 in Appendix D. All film-cooling 
designs utilized an unenhanced nozzle design with the cham er-to-nozzle attach 
point and nozzle tube unformed tube diameter changed appropriately for adequate 
cooling of the unenhanced nozzle to meet life. A P^ n /P c ratio of 1.8 was used 
for all designs to establish a maximum P c trend for enhanced cooling. This re- 
sulted in the 0 2 /CH 4 667,000 N (150,000 lbf) and the 0 2 /C 3 H 8 89,000 N (20,000 
lbf) thrust designs exceeding the chamber pressure guidelines. 

The coolant passage geometry changes relative to the unenhanced designs nearly 
parallel those of the ceramic- coated combustion chambers. This is primarily 
attributed to the fact that the hot-wall heat flux profile is nearly constant 
throughout the combustor, except for the first several inches downstream of the 
injector. As the film cooling progresses down the combustor, the (film hg/dry 
wall hg) decreases and the film temperature increases. This results in a near 
uniform heat flux reduction, which is typically 20% to 30% below the unenhanced 
designs for all propellant combinations. These trends are typically shown in 
Fig. 28. RP-1 provides the greatest film-cooling benefit. This is attributed 
to a lower specific heat (Cp) which results in a lower film temperature as a 
function of axial length. 
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TABLE 9 . SUMMARY OF HIGH-PRESSURE HYDROCARBON-FUELED ENGINE REGENERATIVE COOLING LIMITS 

(FOR FILM-COOLED ENHANCED COMBUSTION CHAMBERS) 
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Figure 27. Effect of Thrust on Regenerative Copling Limits for Film 
Cooling Enhanced Designs Compare^ to Unenhanced Designs 


CHAMBER PRESSURE, PS! A 





TRANSPIRATION COOLING 


lanspiration cooling Is applied by removing a regenerative-cooled section of 
the throat and replacing it with a section that inputs some fuel coolant 
through slots or a porous material. The optimum type of transpiration cooling 
is a wafer-type which also benefits from convective cooling and conduction as 
the transpiration coolant is injected through slots to the hot-gas wall. How- 
ever, this study considers only the conventional type of transpiration cool- 
ing. ^ It is assumed that the coolant is injected through a porous-type 
material, and there are no convective or conduction benefits. Also, only CH 
are cons idered because of the potential coking problems with RP-1 ^ 


Assessment 


Considerable analytical and experimental effort has been expended in past 
years in the area of transpiration cooling. Most analyses, however, consid- 

solution ina Th fl °\ SyS ^ emS ’ largely because this type is more amenable to 
solution. There has been some work in the area of turbulent flow. 

The successful turbulent correlation of the Rannie equation for similar gas 
injection (Ref. 16) suggested that his approach has a reasonably firm basis for 
extension to foreign gas injection. The original equation derived by Rannie 


T -T 
aw c 

T -T 
wg c 


VJ 

1+^ (1.18 Re°-l)(l-( 


o 7 C p 0.1 
~ 37 ~ R e b 
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- 3 V* e b°‘ 


Pr 


. e 


(41) 


C Pc^ C pg. reflects ona of the properties differences between the 
injected coolant Snd p? unary gases. A more accurate analysis would use 
enthalpy rather than temperature differences. Using this concept in a 
derivation similar to Rannie's, one obtains the following relation (Ref. 5): 


H -H 
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H -H 
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A viscosity ratio 
change across the 


correction (lW)J ?v ) has been included to account for the 
sublayer. The asterisk denotes an appropriate mean value 


of 


parameter In the sublayer . The. euthalnv qr t ho un 1 1 /u \ c 

3;r “ 

nly foi evaluating the enthalpy of the mixture at the wall but aim/ fnr 
use in determining mean sublayer values of various parameters The nleula 

develop for W*— *» «» ~i 

develops r htfa basic transpiration relation and is given below: 
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asTfunpH rela ! eS tbe mainstream and wail concentration of the injected gas 
s lw* 


C. ■ 1 - T 
lw (p 


(44) 


where <f> - righthand side of Eq. 43 

bi°Li: lscosity ’ 

concentration were obtained from lief. 17. The^eLults l orthe’’aMlJ"f' !r ' !8 ' : 
aented in Fig. 29, where the usual temperature raUo te™ „ - (T *- r A ”1° 

^SSSSSSSS3S^S!S& 
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(48) 


Design Analysis 


In determining the effect of transpiration cooling in conjunction with regen- 
erative cooling on the design chamber pressure limits, several assumptions must 
be made. The required hot-gas wall temperature, T , was established as 589 K 
(1060R) to meet cycle life, (j> has been a restricting factor. Second, the 
transpiration coolant flowrate will nominally be 3.5% of the total propellant 
mass flowrate to meet the 3% performance loss criteria. 


These previous- correlations represent transpiration cooling efficiencies of 
100%. The actual hot-gas wall area cooled with transpiration cooling departed 
from this value with the assumption of an 85% cooling efficiency. 


75 


Tlu> regenerative cooling circuit, clio.son for this analysis is an uppass circuit 
which bypasses the throat and combustion chamber surface area to be transpira- 
tion cooled. The transpiration coolant flow enters at the same temperature as 
the regenerative coolant Clow. The coolant is manifolded around a porous wall 
through which the coolant transpires through the hot-gas wall and forms a film 
that, mixes with the boundary layer. The cooling Is basical ly derived from the 
heat capacitance of the coolant. Figure 30 illustrates the cooling design 
analysed lor the 0^/CI!^ and propellant combination. While it is real- 

ised that the transpiration coolant! must have a variable pressure along the 
Injection surface of the porous wall to accommodate the variable hot-gas flow 
conditions, parameters are averaged over the cooling surface area. The re- 
duced el. f. icienei.es are assumed to account for maldistribution of the cooling. 
O^/^l 1 was not cons looted for transpiration cooling because of the probabil- 
ity of RP-.l coking and plugging the pores of the wall material. 


The transpiration cooled design results are summarized in Table 10 and compared 
to the unenhanced chamber pressure .limits. The chamber designs are graphically 
presented in 1'ig. 129 through 132 of Appendix D. The nozzle designs are iden- 
tical to those for other thermal barriers as graphically presented in Fig. 108, 
112, .137, and 140 of Appendix D. All transpiration cooled designs were at the 
guideline chamber pressure limits with the exception of the 2,669,000 N (600,000 
lbf) thrust O 2 /C 3 H 8 . 

The chamber geometry reflecting the transpiration-cooled areas and regenera- 
tively cooled areas is summarized in Table 11. The transpiration-cooled area 
^ as defined by Eq.48. Ihe transpiration-cooled insert was terminated 
just downstream of the geometric throat. The attractiveness of this approach 
to increase chamber pressure limits is dependent on recovering most of the 
very high regenerative velocity head at both discharge regions. This would 
require some very unique designs in these regions. Practical designs would 
not suffice. However, design- optimization of the regenerative-cooled dis- 
charge regions and possibly the use of a more optimum wafer— type 
transpiration— cooled region should reflect the design limits established by 
this study. 

ZONED COMBUSTION 


Zoned combustion (mixture ratio bias) is a means of normally reducing the wall 
heat flux by running the outer perimeter of injector elements at a mixture 
ratio below nominal (where the nominal mixture ratio is below stoichiometric) 
while running the core elements at a mixture ratio above nominal. In theory, 
this provides a reduced temperature combustion gas along the wall with a high 
temperature core flow. From a cooling standpoint, the most effective case of 
zoned combustion would be the limiting case of film cooling where the outer 
zone mixture ratio, in effect, becomes zero. 

Assessment 

One method of normally reducing combustor wall heat flux is the use of low 
mixture ratio zones in the elements adjacent to the wall. This is closely akin 
to film cooling except, instead of directing fuel streams on or adjacent to 
wall, the outer row of elements is reduced in mixture ratio. This reduces the 
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Figure 30. Combination Regenerative/Transpiration Cooling Method 


10. SUMMARY OF HIGH-PRESSURE HYDROCARBON- FUELED ENGINE 
(TRANSPIRATION COOLING ENHANCED COMBUSTION CHAMBER) 
REGENERATIVE COOLING LIMITS 
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Figure 31. View of Typical Like-Impinging Injector Face Showing Element 

Offset xn Outer Row To Provide Fuel Rich Zone Adjacent to Wall 



TABUS 12 . ZONED COMBUSTION INJECTOR MODEL DESIGN CONSTRAINTS 


OUTER ZONE 

(REDUCED MIXTURE 
RATIO) 



CORE ZONE 

(HIGH MIXTURE RATIO) 


. NOMINAL MIXTURE 
RATIO 


ZONE PERCENTAGE OF 


THRUST, 

(lbf) 

N 

CHAMBER DIAMETER 
cm D„ u INCHES 

DIAMETER D c 
cm (INCHES) 

TOTAL FLOW RATE 
IN OUTER ZONE 

89,000 

(20,000) 

1 

10.2 

(4) 

6.6 

(2.6) 

58 

667,000 

(150,000) 

25. A 

(10) 

20.8 

(8.2) 

33 

2,669,000 

(600,000) 

63.5 

(25) 

56.6 

(22.3) 

20.4 
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iwible 12 data are applicable lor all three propellant combinations (0 /RP-1, 
O^/CH^ , °2^ C 3 I1 8^' Relative zonal flowrates shown in Table 12 were established 
using the criteria afforded by minimum stream boundary mixing within the cham- 
ber. Ibis was satisfied by selecting equal stream mass velocities, (pv-w/A). 
!he mathematical relationships governing. mixture ratio shifts, (core and outer 
zone) are given by the following equations: 
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Zonal specific impulse was generated using the JANNAF One-Dimensional Kinetics 
(ODK) Computer program. Reaction rate data used were those published on 
10 January 1977 and represents the latest selected by the JANNAF Performance 
Standardization Working Group. Computations were made for a range of area 
ratios. However, for comparative studies, a single area ratio was selected, 
e.g., 400 to 1. Kinetic specific impulse is dependent on engine size 
relatively a weak function with slight improvements with higher thrust. 

Performance analysis results are shorn in Fig. 32 through 34 . For selected 
percentages of 1^ vacuum losses, the curves may be used to determine opera- 
tional core and outer zone mixture ratios. The general nature of the curves 
does show larger performance losses for a fixed outer zone mixture ratio with 
higher amounts of outer zone flowrates. Performance sensitivity decreases with 
smaller amounts of outer zone film-cooling requirements. 
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Figure 33. O^CgHg Zoned Combustion Core and Outer Zone Mixture Ratio Influence 
on Performance Loss for Constant Mass Flux 
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Figure 34. O^/CH^ Zoned Combustion Core and Outer Zone Mixture 
Ratio Influence on Performance Loss for Constant 
Mass Flux 


Design A n alysis 

Tile ss 2:»i: ?«i 1 f™r lysls ?**”* * »«*«■— »«.. .* «. 

temperature associated with il , . tiansfet coefficient and adiabatic wall 

= m££ ££= = 

?;™ tr/ ° ~ 

combinations is shown in fL \a ^ ° f ^ Performance for the three propellant 
values are based on the JANNAF One-Dimensional Kinetics 1 (ODK) mlXtUr t rati °' Those 

sissr 1 mlxture rotio use < £or this *~Sd < 2?^x.szr^. 
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menee loss is showTby f 3Z^ert?c^ ?J C ° mb natio "- The Sideline 3% perfor- 
(nominal mixture ratio) . The outer zone a^core mixL«\atio ^ f ° raanc * 
o TSZTuZ J: lll^ d ^terseeting the ,*^“1^.* ^1?“ 
total mass flowrate, as depicted fo^the three^ST 1 ^ ‘ one "'aas flowrate to the 

in Fig. 37 that the 3% perf^e Ls is alsocJaSd ^twu' “ “l be Sem 
mance core and outer zone mixture ratio ith the reauced perfor- 

that the characteristic velocity efficiency (nc^of rn Can b f rationalized 
mixture are at the nominal guideline efficiency f S “Jf Ure and C ° re 

injector /chamber design. This means that tho h, . 9 f^ ? controlled by the 

ture of the outer zone would flrrnr j 4 i , theoretical combustion tempera- 

=s £ a Kffis SS HSr^r- 

equal to the outer zone mixture ratio! 8Ur6S refleCtS an ovcra11 mi ^ture ratio 
ary laye? analysirfor^rs^LSgrfSerM^^ f °^ le f ed a bound ~ 

of the transport properties at the designed 
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Figure 37. Zoned Combustion Graphical Approach for the Three Thrust 
Levels for C^/CH^ Propellant Combination 


Tht' local heat flux Is 
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Thu zoned combustion hunt flux can be compared to the nominal mixture ratio heat 
flux by: 
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Although the adiabatic wall temperature (Taw') substantially reduced ior the 
zoned mixture ratio, the zoned heat flux provides little or no benefit toward 
increasing the chamber pressure. This trend is shown in Fig* 38 for the res- 
pective mixture ratio and chamber pressure for each propellant combination at the 
noted thrust level. The chamber pressure of the zoned combustion design to attain 
a life of (250 x 4 ) cycles is related to the nominal unenhanced design hv: 


r % 

zoned comb . 

}\ 

unenhanced 


^^Nom. 
« /A) Zoned 


1.25 


(55) 


This results in the unenhanced O 2 /CH 4 design chamber pressure being increased 
from 2.144 N/cm 2 (3110 psia) to 2344 N/em 2 (3400 psia). Graphic presentation 
of this design is presented in Fig. 133 and 134, Appendix D. The only other propel- 
lant combination and thrust level that would attain a higher chamber pressure would 
be the. 89,000 N (20,Q00 lbf) thrust O 2 /RP-I design. However, the 89,000 N 
( 20,000 lbf) thrust O 2 /RP-I unenhanced design could not meet the coolant wall 
criterion (589 K, 1060 R) . Therefore, it was not deemed necessary to evaluate 
this zoned combustion design. 


llndoubtably , one would expect a reduced heat flux for a lower mixture ratio as 
denoted by zoned combustion. However, as previously noted, the outer zone 
operates at a n 0 * = 98% as designed for a constant injection pV. Therefore, 
the analysis is representative of a chamber designed to operate at this mixture 
ratio as though it were a constant overall mixture ratio. A theoretical heat 
flux plateau exists for all propellant combinations for the mixture ratio dome 
region of maximum energy release efficiency. There are Rocketdyne experimental 
0^ /II 2 data that tend to support this trend over a mixture ratio range of 5.0 to 
770 for a constant injection overall, mixture ratio. 

There are- also experimental. O 2 /H 2 zoned combust ion data that contradict this- 
analysis. However, these data are primarily for injectors that wore designed 
for nominal mixture ratio and later modified for reduced outer zone mixture 
ratio to alleviate combustor wall hot spots as a function of circumferential 
position. Those latter injector designs do not operate at a constant injector 
pV. It is believed that zoned combustion provides a heat flux reduction greater 
than theoretlc.al.ly predicted because it actually suppressses the local heat 
fluxes associated with the nonuniformlty of local injection mass fluxes and 
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igure 38. Comparison of Zoned Combustion Chamber Heat Flux to Unenhanced 
Chamber Heat Flux at Nominal Mixture Ratio 
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Jhis reduction in heat flnv i,„o i 

performance loss. Therefore, a 3 rperfor^nce t ? lly as a Unction of 

mixture ratio injector represents an 117 ( .? SS .° f a less effic ient nominal 
derabl y greater than theoretically reflected "hv * 1 ^ a Sat flux ’ which is con- 
OM area U,ut — • 

"OTHER" THERMAL BARRIERS 

several cortlna^M^coMldM^! 1 'SsJlraSrc"^ • Selec . ted • Thera were 

layer were the physical barrier contenders ?? (Zr 0 2 ) coating and carbon 

any promising aspects. It was also ?! grapfiite liner did not show 

thermal barriers that the combination birrf^f ! esign ana lyses of single 
differ from that for 0 /RP-l Th „ . arrier for 0 2 /CH. and 0 /c H would 

considered because of hie large oer £ °? lnat:L ° n of two i^id barrilrf was not 
ing showed the greatest chamber pressure?? ° SS ‘ Although transpiration cool- 
lected because of inherent design and f h ? Potential, it was not se- 

development required to make it operatlmwl^r t"i pr °!’ le “ s and ^tended 
beeauae of potential flow blockage of the mlcro-ln JecJlon” 


^■Lep/c^i 


££ma 1 Barriers ( 0 ^ / CH^ 

« the combined thermal 

0 ,/CH and 0 ,/rn deaigna. ! ‘ 1 1 increased chamber pressure of the 

ligibie benefits since the selected !! ° ^ caibon layer would provide neg- 
height to its maximum 1 Jilt i t f alread * the channel ** 

fie Lai. At these high chamber pressures ? Ca ?° n layer be bene- 

two propellant combinations is basieall v m- ! arb . on t laycr thickness of these 
(convergence zone and throat)? Y 2ero in the high mass flux region 

at °gulde line ''chamber ^pressure ^li mi t^and^u^d 1 ", Tafc i* U * A1 1 were 

nozzle designs were used with adWme ? 7 7 P lnlet /Pc * UiKMihaneed 
unformed tube diameter to accommodate ti? h° . ’V' 1 ?' 1 ’” arca rat io aild 
thrust nozzle designs for the ZrO enlrm?d 8 ‘ C . hamber P r cssurc. The lower 
pective P limits, were used for ?ho r th chambers, which were at their res- 

Ihe SrapliSc presentation of these chamber ind t barrier chamber designs, 

t .rough MO of Appendix D. The “ 
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ll l , , ’ t !’ SC ' previously used for the ZrO designs. This is realised by 
tin. I act that the additional increase in chamber pressure for the combined 
thermal barrier is associated with the addition of film cooling. As previous- 
ly shown, the film cooling produces a near uniform heat flux reduction along 
the chamber length. Therefore, nearly the same ceramic coating thicknesses 
are required for the guideline Zr0 2 surface temperature 1 Lmit. 

Combined Thermal Barrier (0 „ /PR-l) 


eai on layer thermal barrier is extremely overpowering for the 0„/RP-l pro- 
pellant combination, as previously noted. The next most ef f icient 2 thermal 
barrier is a ZrO ceramic coating, as defined for the other two propellant 
combinations. Therefore, a carbon layer plus ZrO ceramic coating was se- 
lected for the combined 0 2 /RP-l thermal barrier. 2 This combination represents 
the best thermal barrier(s) for the 0 /RP-1 designs. This combination has a 
g eat benetit over the combined thermal barriers of the other propellant com- 
binations since it represents no performance loss, 
both physical thermal barriers. 


The O^/RP-l barriers are 


A "short chamber", 2,669,000 N (600,000 lbf), thrust chamber was evaluated 
tor this study. The ZrO ? ceramic coating was applied between the injector 
end and chamber throat. “The thickness was 0.0030 cm (0.0012 in.) in the 
throat region and high heat flux convergent region. The lower heat flux 
region utilized 0.0046 cm (0.0018 in.). These ceramic coating thicknesses 
are typical of those used for the previous ceramic coating studies. These 
thicknesses represent optimum thicknesses for the guideline ceramic coating 
surface temperature limit. 

At high chamber pressures, the carbon layer thickness diminishes in the throat 
region. The maximum chamber pressure that could be cooled was 3448 N/cm 2 (5000 
psia). This is lower than the other two propellant combination limits, but 
is quite spectacular since the unenhanced design Pc limit was 896 N/cm 2 (1300 
psia). This design is shown in Fig. 141 of Appendix D. Because of the high 
ciamber pressure the nozzle design requires a carbon layer or ceramic coating 
hermal barrier for approximately one-third of the nozzle length starting at 
the attachment to the combustion chamber. The coolant flow split between the 
chamber and nozzle was 50/50%, typical of other split flow designs. 
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KNUANCKl) DKSICN COMPARISON 

m t C Z In 'T" 1,1 «“ tncromwd cbJLr P v,Ztl. 

pii pe l. I .mt comb inn I. ion is presented in Table 14. The enhmoemenf s 
represent (4 x 2.0) cycle end are <-o,„,„,rc,a to tho c^b") 

Ihe best enhancement is the combined thermal, barriers. These are ZrO ceramic 
ZrO ""ceramic coathv’ ' md '° r tht ' ° 2 /CH 4 nnd V C 3 H fi P ro Pellant combination 1 and 

^'“oJed tht“ rl T‘','J n -7 . ( ° r tb “ °2 /IU ’- 1 PrSpellant co£bil.ii™? P ^ t “LuST 
bo-noted that «* llutd thermal barrier represents a 32 performance loss 

A comparison is shown in- Fig, 39 and 40 for 7 r*n , 

prov^: s C rs?gni?rint eSi8nS - ln SUmmary ’ a “*"* layer 1 thermal^ ba r r ie r S 
barrier has if rr lncreaaa ln p , for the V* 1 ’' 1 designs, where a ZrO, 

cant increase in P "for^h^’o'/CH^aiTo' /A^dl " 0atin8 . provides a s Wi- 
has a negligible effect. 2 4 °2 /C 3 H 8 desi S ns » where a carbon layer 


rho f r °2 M Ce , ramic t coatin S provides the third best and film cooling provides 

Mon cof th n rmal barrierS f ° r 311 Propellant combinations ^ La- 

cooling, which is the second best thermal barrier for 0 /CH and 0 /C H 

ILTyteT r^spfrfM °2 /RP 7* beCaU8e ° f cokin S temperature hmiLtions? Is 8 ’ 
and I!!h transpiration cooling requires development of very special designs 

s“t t r e „ f£eCtiVe tl “*' W bccansn of the coolant' velocity S 

in typical ratings, as noted. transpir.Lion-cooled design may result 


The rating of enhanced cooling (thermal barriers) for each propellani 

r P °res"nt Te M° W r (a F r tin8 ° f 1 repraaent ta tha ^st enhanc"Lnt ^ 
p sents the least effective -enhancement) : 
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DfO WOT MEET LfMfT 

NOT APPLICABLE OR NO BENEFITS ATTAINABLE 


































Klim cooling in the fourth beat thermal barrier for all propellant combinations. 
Carbon layer is fifth beat for 0,,/CH, and 0 2 /C H g designs, providing negligible 
benefits. However, carbon layer*" is the No, 1 single thermal barrier for 0,,/RP-l , 
being second only to a combined thermal barrier. 

Theoretically, zoned combustion has negligible or no enhancement benefits, A 
graphite liner is not applicable for high heat flux (high chamber pressure) 
designs from a fabrication and installation standpoint. 

Many of the enhanced designs are at their chamber pressure limits with reduced 
(P /P ) ratio. Therefore, a representative maximum chamber pressure as a 
function of thrust cannot be presented graphically. 


SENSITIVITY STUDIES 

Iht.it HL'usJtlv.lty studies evaluated eye ’lie II fn ..u .. <? . 

s " r " a,, “ 

hll'K SENS I.TI V ITY 

fiil.tRnoJ.ifo ground riik' on* iiax^ ^ in , J , UlL ’! u ' t ' of 1 cyclic 

Lhl ' °9 /Cll 4 unonhanced chamber design w is^s ^ | Sl | U r* 2 » 669 » ()()0 N (600,000 

P ‘Wf> ^ clesiRn should bo SpToa 1 ^.Y^* , ^ < P «nf' 
piepellant combinations and thrust Levels. ‘ " L 1 L ’ ,or " tlK ' otllL,r 

N/cn^TllO^sia)^ Life sensUiv L deSl8 " maximua P^ssuro was 2144 
sures of 2482 N/cm~ (3600 psia) ^895" N/cm §1 ' f4^nn^ c ? ,l ? uc H ed at ch 9">ber pres- 
and 3309 N/cm 2 (4800 psia). The increase 1 i 4 ",° 0 1>Sla) ’ 3102 N / c ">“ (4500 psia), 
riduced channel heights. The wall thickn, tUmber preasuro designs utilized 
accommodate a high.* ‘ “«““ 4 *» «** *»**» to 

mum gas-side wall temperature strain r , n ,, C * b . ove i Tllt : wail thickness, maxi- 
15 • All designs reflect a P /» o^’ ^ nd cycle llte are shown in Table 

flowrate split between the cfiSiglr Snd » T approximately 50/50% coolant 
life -relationship is show," 2, Fit 2 m! !% «*■*« ^assure to cyclic 

other propellant combinations aid’tlfruit w’w ^ bB Waa the 

baseline 1000 cycle designs repress n ,,a Lr g^TS- n'J V «» 

and the nosxle 4P of series flow designs <V 

surface' tempo ratures^fT" 1 '/ 010 /^ 813 7 ‘ S questionable at NARloy-z 
to operate above this temperature the low i* ^ lthough il is n ^t recommended 
was extended to accommodate the hi s er 8 °rfac t ^ Eor mR ^ 

chamber pressures, as noted In Fig 42 . This dSTn f s^nl ^ *• higlMr 
limited data obtained from isothermal uniaxial ^tigue 'pe. m^r ^ b “ 3ed 


0 2 /rp-i decomposition sensitivity study 


enhanced "long chambe ^designs* 1 ^’h is i^pi^ the °'> /RP “ ] unonhanced and 
coolant wall temperature reemi^d c t T " attributed to: (1) tho low 

Ichgth typically associated Eo^ 13 ge^to^e? ,7? «>«“ ‘<">* 
systems to meet performance criteria win." y * liquid/liquid injection 
fore, it was dlf ficu.lt ^cornua -. h^ , Convent Wnal type injectors. Thcre- 
other hydrocarbon- fueled engines us ing ^nd ^ II^ ° f RP_1 t0 th ° 

conditions for 111 uiLXmclV^renhan^ reflect unfavorable operating 

(20,000 lbf ) thrust design with a ^ ” 

a large thermal resistance throughout* tu . i i ! 1 " 1 catl)on Jayer provides 

high mass flux throat region This a 11 n chamber length except for the JocaJ 
chamber to meet the coClatt wal f tH ° 8J ’ U0 ° N (20 > 000 Jhf) thrust 

chamber pressure of .1379 ‘ N /cm 2 ' ° f 589 K ' 0060 R) ut «• 

-c mecf fhls cUcflon at 690 M/J '(100 1 
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design I'oultl not moot thin or I tor Ion at considerably .Lower chamber pressure. 

Thin is attributed to the fart that the larger thrust chamber Length (Injector 
to throat) wan three t linos longer than the .lower thrust chamber length. This 
addit ional length retards the cooling eapabl l ity associated with an Increased 
l n.ject or-end bulk temperature and a reduced coolant mass llux for a fixed 
^ i n l et ^ c 1 ;lt * ° * 

The O 2 /RP-I gas generator cycle sensitivity analyses utilized gasman inject Ion 
chamber contours typical, ot the O 2 / Oll/ f and 0;> / 0;illg designs. It assumed that: 

98% energy release efficiency can be obtained with the short chamber utilizing 
a m to ro-o r i l i ce type of injector. This Injector would require development but 
is a possibility for a liquid-liquid gas generator cycle system. The 2,869,000 N 
(600,000 lhf) thrust level design was selected for analysis because of its 
potential booster application and the additional design benefits provided by a 
split flow chamber/nozzle system for an Oa/RP-l gas generator cycle engine. 

The sensitivity study defined the chamber pressure limits for an unenhanced 
design and an enhanced carbon layer design as a function of coolant wall tem- 
perature, as shown in Fig. 43. 

Pertinent design analysis parameters are shown in Table 16. Off-set design 
points were established for an energy re Tease efficiency of 96% by accounting 
for the reduced combustion temperature. This represents design points for a 
typical type liquid-gas injector. The large thermal resistance of the carbon 
drives the channel height to its maximum for two-thirds of the chamber length. 

Graphic design presentations are shown in Fig. 142 and 143 for the 1172 N/cm^ 
(3300 psia) unenhanced chamber and nozzle, and in Fig. 144 and 145 for the 2413 
N/cm^ (1700 psia) carbon layer enhanced combustion chamber with an unenhancod 
nozzle . 
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COOLANT WALL TEMPERATURE 





Figure A3. O^/RP-l Coolant Wall Temperature (Decomposition 
Temperature) Sensitivity Study 






TABLE 16. SUMMARY OF O./RP-l SENSITIVITY STUDY 
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Recommended technology items to be considered for follow-on work are summarized 
below. These suggested areas requiring experimental investigation are based on 
the results of this analytical study. 

1. Car bon L ayer De posi tion (Op /KP-l 

This ts particularly important since the O 2 /RP-I chamber must rely on 
a carbon layer to be cooled at competitive chamber vressures of other 
hydrocarbon-l'ueled eng i nos. 

2 • RP-1 Coking Temperature Limit 

The chamber pressure limit is very sensitive to the maximum allowable 
coolant wall surface temperature. Coking limits also should be 
evaluated with addit-ives to increase the coking temperature limit. 

3 . Ceramic Coating (ZrO ? )_ 

This provides a substantial increase in chamber pressure when applied 
to the combustion chamber. For high chamber pressures, a thickness 
less than 0.005 cm (0.002 in.) is required. Application of extremely 
thin coatings and hot-fire testing is merited. 

4. Film Cooling 

Performance degradation and cooling efficiencies need be experiment- 
ally determined. 

5. Zoned Combustion 


Analytically, this provides an insignificant increase in chamber 
pressure. This needs experimental evaluation of performance .loss and 
the rma 1 characteristics. 
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CONCLUSIONS 


■7 7 *» <*-« P™.- 

r«r:;^r 7- * llrP , r 

efficiency. This ctnl°J ' Jj“ ... J“*f • «* «.rgj 

designs where the coolant wall temperate is the , t , r ° VOraod «°r the 0 ,/RP-l 
coking temperature limit) lnst e ad of H^-limned 8 cr “erion (to 2 meet 

barrier. Thl^comblLtLn’irrzrr^eM l‘" ^ f Uained h ' J “ combined thermal 
V™4 and 0 2 /C 3 H propellaM conation IdT 7 .IS f11 " “ o11 '^ »« b"e 

arbon layer for the Oj/RP-l propellant combination 2 Cera '" lc coatin S with a 

-"“a ; 

limitation for the 0,/RP-l propellant combiner? P i* 0 ” tem P era ture. Another 
formance liquid-gas micro-orifice injector to «n 13 devel °P ment of a. high per- 
typical of the other two propellant combimM Uo ” use of a "short chamber" 
designs are only competitive for a "shnrJ \ k* „ The V**’" 1 unenhanced 
to increase the coking temperature limit. C ^ ^ ^ f an inhlbit or is used 

fit ovL 8 “rstaged y combusfion c^igL^su i" 8 ^ Chamber bene- 

efficiency can be obtained for either cycle. ^ the same energy release 

^ >-iers. The nozzle 

out any thermal barriers for the 


APPENDIX A 


COMBUSTION CHAMBER AND NOZZLE MATERIAL PROPERTIES 


appendix^^hese^properties^er^use^for^th 1 ^ 0 !!! t ^ <3S c ? re presentcd in thls 

structure for the combustion chamber and nozzle ! 286 a J ° 8 

tube material. The above materials are identical to thcZ* V * li* , h ? n ° ZZle 
on the Space Shuttle Main Engine (SSME) . urren .y eing used 
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Figure 52. Thermal Expansion for Wrought A-286 




78K (140R) 

294K (530R) 



Figure 53. Low-Cycle Fatigue Data for Wrought A-286 







APPENDIX B 


COMBUSTION HOT-GAS PROPELLANT PROPERTIES 

Combustion gas properties and performance mere generated for the propellant com- 

»-t -d^te^Mp'n ^ tM V tu 3* Rocketdyne' s Free-Energy ProUm ,"es a, 
up to date JANNAF flame species data file and has been found to yield results 

Jomputed m in t the t c “k^M P ro f«” “d the JANNAF ODE program. Flame properties 
stations jLf Ld ° T cl ' a " ber > « the throat, and at specified notale 
and froLf? ™ ' e "? ar f ure - enthalpy, entropy, heat capacities (shifting 
j j * gammas (shifting and frozen), effective molecular weight density 
viscosity, thermal conductivity, Prandtl number, and composition? ^ 

Sf?; P r °8tam printout of data available for LOX/CH, propellants Is 
characterise c vein ^ * part of this table indicates the full shifting 

i I t I a “P era ting conditions. The second part contains 

chamber aud a? ev?™ , ''°™° dy " anllc Properties and composition in the combustion 
cnamoer and at every expansion area ratio station selected. The third nart 

summarizes performance parameters such as thrust coefficient and specific 
impulse or each expansion area ratio chosen, at vacuum, an5 at desig^ aUitude 

““P-ature and pressure conditions for each'expa™^ 

rati? S (0°/Rp a i a?°MR rtl y S s f 5 >r pro P ellant combinations at nominal mixture 
ratio (0 2 /RP-l at MR * 2.8:1, O 2 /0 3 Hg at MR = 3.1:1, and O 0 /CH, at MR = 3 s-n 

gas Sonertief U eS° n J f ‘ charaber Pressure in Fig. 55 and 56. The combustion 
Kg. 5/ though S r Z ° n rat±0 enhanceme ^ are presented in 

The combustion gas temperature was corrected from the theoretical value by usinc 
follows manner? 1 * 63 SpeClfled ““S* release efficiency (n^) of 98% in the 


actual 


= ’“theory * V 


1^-r.ct.ri.ti. Veloclty <d*> Also was corrected for n ,. I„ generating the 

sstm ?rsr e foiw " 8 ^ -p™§ 


RP-1: 

461 K 

(830 R) 

c 3 H 8 : 

344 K 

(630 R) 

CH. : 
4 

390 I< 

(700 R) 


Results from the Free-Energy Program where the RP-1 fuel temperature was varied 

significant ^ » th ° fual 

gnir leant Ueas than 14) for the ranges of this study. 
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TABLE 17. FREE ENERGY PROGRAM OUTPUT PRINTOUT 
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Figure 56. Properties of 0_/RP-l, 0 /C„H h , and O 0 /CH, 
Combustion Gases c J ° 24 
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Figure 57 , O^/C^Hg Zoned Combustion Gas Properties 
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Figure 59. 0 2 /CH 4 Zoned Combustion Gas Properties 
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Figure 62, C^/RP-l Zoned Combustion Gas Properties 
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Figure 68. Parameters for the Oj/CjHg, MR = 3.1, F = 667,000 N 
(150,000 lbf), Coolant P^/P = 1.8 Nozzle at 
p c = 1855 N/cm^ (2690 psia) 
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Figure 71. Parameters for the 0 2 /C 3 H g , MR = 3.1, F » 2,669,000 
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Figure 73. Parameters for the C^/C-jHg, MR - 3.1, F = 2,669,000 N 
(6JOO.OOO lbf), Coolant r in /P c = 2.25 Combustion 
Chamber at P = 1613 N/cm2 (2340 psia) 
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Figure 82. Parameters for the C^/CH^, MR *> 3.5, F = 667,000 N 

(150,000 lbf ) , Coolant P /p = 2.25 Nozzle at 
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APPENDIX D 


GRAPHIC PRESENTATION OP COMBUSTION CHAMBER AND NOZZLE DESIGNS 
FOR ENHANCED THERMAL BARRIERS AND 
SENSITIVITY STUDIES 

The detailed combustion chamber and nozzle design analyses are presented in 
this appendix. Graphic presentations describe the operating parameters, cool- 
ant passage geometry, hot-gas wall geometry, and heat transfer characteristics. 

The combustion chamber and nozzle designs are presented in the sequence noted 
in the Enhanced Designs and Sensitivity Studies section in the main body of 
the report. 
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Figure 98. Parameters for the 0 2 /CH 4 , MR = 3.5, F = 89,000 N (20,000 lbf ) , 
Coolant P^ n /P c “ 1*8, Nozzle at 2861 N/cm^ (4150 psia) 

(For Carbon Layer Enhanced Combustion Chamber) 
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Figure 109. Parameters for the C^/C.Hg, MR = 3.1, F = 2,669,000 N 
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(600,000 lbf ) , Coolant P^ n /P c = 1.8, Combustion Chamber at 
= 2758 N/cm (4000 psia)._.(Ceramic--Coating Enhancement on 
Combustion Chamber) 
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Figure 110. Parameters for the O^CgHg, MR = 3.1, F - 2,669,000 N (600,000 lbf) 
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Figure 118. 
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Figure 122. Parameters for the 0 2 /CH 4 , MR = 3.5, F = 667,000 N 
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Figure 141. Parameters for the 0,,/RP-l, MR = 2.8, F = 2,669,000 N (600,000 lbf). 
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Figure 142. Parameters for the 0 2 /RP-l, MR = 2.8, F = 2,669,000 N (600,000 lbf), 

Coolant P in /P c = 1.8, Combustion Chamber at P = 2413 N/cm 2 (3500 psia) 
Carbon Layer Enhancement on Combustion Chamber (Short Chamber) (RP-1 


T wc Sensitivity Design) 
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Figure 143. Parameters for the 0 2 /RP-l, MR = 2.8, F ■ 2,669,000 N (600,000 lbf ) , 
Coolant P in /P c = 1.8, Nozzle at P c - 2413 N/cm 2 (3500 psia) 

Carbon Layer Enhancement on Combustion Chamber (Short Chamber) (RP-1 
T wc Sensitivity Design) 
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Figure 145. 


Parameters for 

Coolant V. /V 
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(Short Chamber) 


tho 0.,/RP-l, MR = 2.8, F « 2,b(i‘),000 N (b00,000 lbf) 
= 1.8, Nozzle at = 1172 N/em 2 (1700 psla) 

(RP-1 T Sensitivity) 
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NOMENCLATURE 


A 

Btu 

C d 

CH, 


S H 8 


F 

F 


tu 


ty 


g 

I 

s 

K 

k 

L 

MR 

N f 

N 

st 


P 

P 


in 

Pr 


Q 

Q/A 

R 


Re 


r 

o 


area 

British thermal units 
discharge coefficient 
methane, fuel propellant 
specific heat 
propane, fuel propellant 
hydraulic diameter 
throat diameter 
thrust, N (lbf) 

ultimate strength safety factor 
yield strength safety factor 
mass flux (w/A = pV) 

coolant convective heat transfer coefficient 

hot-gas convective heat transfer coefficient 

specific impulse.. 

degrees Kelvin 

thermal conductivity 

length 

mixture ratio (o/f) 

number of load cycles to failure 

Stanton number 

oxygen, oxidizer propellant 

pressure 

combustion gas chamber pressure 
coolant inlet pressure 
Prandtl number 
heat load 
heat flux 

radius or degrees Rankine 
Reynolds number 
inside tube radius 
outside tube radius 
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HP- .1. 

\ 

T 


T 

aw 



T 

c 


T 

wc 

T 

wg 

w 

c 

w 

g 

X 


SUBSCRIPTS 


b 

c 

f 

6 


s. 1. 


vac 


CREEK 


AP 

t: 

* 


c 




P 

o 


1 

U 


r oeke t fuc .1 p rope 11 ant- 
throat radius 
f line 

adiabatic wall temperature 
coolant bulk temperature 
backwall structure temperature 
combustion or coolant temperature 
coolant side wall temperature 
gas side wall temperature 
coolant flowrate 
hot-gas flowrate 
thickness 


bulk 

coolant or combustion 

film 

gas 

sea level 
vacuum 


coolant pressure drop 
area ratio or strain 
angular displacement 

creep damage fraction or curvature enhancement 
fatigue damage fraction 
surface roughness enhancement 
specific heat ratio 

energy release efficiency or combustion efficiency 
density 

bending stress 
shear stress 
viscosity 
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FILM COOLING 


B* 

C 

P 

G 

K 

h 

Le 

M 

Pr 

P 

Re 

x 

m 

s 

T 

w 

X 

X I 

Subscripts 

nw 

c 

f 

g 

o 

A 

s 

f c 

Greek 


n 

e 

Y 

p 

A 

p 


il ime n s i on 1 e s s p ar ame t; e r 

specific heat at constant pressure _ 

mass flow per unit area 

constant in correlation 

heat transfer coefficient 

Lewis number 

molecular weight 

Prandtl number 

wetted perimeter 

Reynolds number based on distance 

ratio of injection to free stream mass flux 

injection slot height 

temperature 

flowrate 

distance from injection point along surface 
correction length for wall jet region 

adiabatic wall conditions 
coolant or lamber conditions 
film 

free stream gas 
zero film cooling conditions 
coolant gas interface 
coolant injection slot 
film coolant 


effectiveness and efficiency 
constant in correlation 
specific heat ratio 
density 

film thickness 
viscosity 
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